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ITEM 


Clarification  of  the  Tapered  Shingle  Concept:  The  spanwise  tapering 
mentioned  in  the  first  paragraph  does  not  require  machining  of  either 
skin  or  stiffener  thickness.  The  notable  feature  of  this  design  lies  in 
the  fact  that  only  simple  width  profiling  is  required  to  obtain  finished 
panels. 

In  Table  XII,  units  for  the  thermal  expansion  coefficient,  eC  ,  are 

10"6  inches/inchA- 

In  Tpble  XII,  units  for  the  thermal  expansion  coefficient,  <»C  ,  are 
10  inches/inc  V°F- 

In  Figure  1 14,  the  1 .000  +  .010  thickness  dimension  is  limited  by 
materia!  availability.  Add  note  "unless  limited  by  material  stock 
thickness. " 

In  Table  XXXIV,  thicknesses  associated  with  K  values  are  not  listed. 

These  are  as  follows  (thicknesses  given  in  parentheses): 

55. 4{.  1530)  64. 8( .25 12)  95. 0(. 2511)  1  TO. 1(. T490)  126. 6(. 1520)  90. 9(. 1540) 
59. 5(.  1490)  57, 3(.  1540)  88. 3(.  1477)  111.1(.1550)  123. 5{.  1530)  72. 1(. 2510) 

94. 8(.  1552)  125. 6(. 2532)  159. 1(.  2480) 

80. 4(. 0981) 

Units  are:  ksi  ,\TTn.  for  K  ,  inches  for  thickness. 
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FOREWORD 


This  report  presents  the  results  of  preliminary  design  studies  using  advanced  technolo¬ 
gies  to  develop  wing  box  structure  for  an  advanced  metallic  cargo/tanker  air  vehicle. 
The  latest  Air  Force  structural  requirements#  including  MIL-STD-1 530(USAF)  and  the 
"Proposed  USAF  Damage  Tolerance  Criteria#11  dated  18  August  1972,  were  used  in 
the  studies. 

This  program  is  one  of  two  related  programs  involving  cargo/tanker  air  vehicle 
structure.  The  other  program  is  reported  in  AFFDL-TR-73-53.  Work  reported  herein 
was  sponsored  by  the  Advanced  Metallic  Structures-Advanced  Development  Project 
Office  (AMS-ADPO),  Air  Force  Flight  Dynamics  Laboratory  (AFFDL),  under  the 
joint  management  and  technical  direction  of  AFFDL  and  the  Air  Force  Materials 
Laboratory,  Air  Force  Systems  Command,  Wright- Patterson  Air  Force  Base,  Ohio 
45433.  The  work  was  performed  under  Contract  F33615-72-C-2165,  Flight  Dynamics 
Laboratory  Project  Number  486U,  "Advanced  Cargo/Tanker  Structures. 11 
Mr.  Jamie  Florence  is  the  Air  Force  Project  Engineer. 

The  preliminary  design  studies  were  performed  by  the  Advanced  Structures  Department 
Lockheed-Georgia  Company,  under  the  direction  of  W.  A.  Pitman,  Advanced 
Development  Programs  Group  Engineer.  C.  R.  Bigham  was  the  Project  Leader. 

Other  principal  participants  in  the  program  were  as  Follows:  R.  E.  Barrie,  Design; 

L.  M.  Atkinson,  Stress  and  Weights;  O,  L.  Freyre,  Fatigue/Fracture/Damage 
Tolerance;  H.  W.  Stemme,  Materials;  V.  W.  Masoner,  Manufacturing;  H.  V.  Davis, 
Costand  Producibility;  W.  H.  Sproat/E.  J.  Siracusa,  NDl/Quality  Assurance;  and 
W.  M.  McGee,  Test. 

The  work  was  performed  from  July,  1972,  to  May,  1973,  and  was  released  for  publi¬ 
cation  in  June,  1973.  This  report  is  also  identified  as  LG73ER0126  for  Lockheed 
internal  control  purposes.  This  technical  report  hos  been  reviewed  and  is  approved. 


JO'HNC.  FRISHETT,  Major,  USAF 

Program  Manager,  AMS  Program  Office 
Structures  Division 

Air  Force  Flight  Dynamics  Laboratory 


ABSTRACT 


With  the  current  Air  Force  medium  transport  and  tanker  fleets  rapidly  approaching 
the  end  of  their  useful  life,  a  requirement  for  their  replacement  is  inevitable. 
Demonstration  of  innovative  advanced  structures  concepts  is  required  prior  to  pro¬ 
duction  design  decisions  in  order  to  qualify  these  advances  for  new  system  accep¬ 
tance.  The  long  lead  times  required  for  the  development  and  demonstration  of 
advanced  structures  dictates  that  advanced  development  programs  be  initiated  now 
to  insure  the  availability  of  the  various  technologies  when  needed  for  anticipated 
future  systems.  This  requirement  has  led  to  this  advanced  development  program  to 
develop  improved  aircraft  structural  designs  for  a  cargo/tanker  category  aircraft. 

The  C-141  inner  wing  box  was  used  as  the  baseline  for  the  preliminary  design  study 
phase  of  this  development  program.  The  major  objective  of  this  study  wos  to  develop 
advanced  designs  which  would  double  the  fatigue  life  endurance  of  the  baseline, 
and  which  could  be  produced  at  lower  cost  and  weight.  The  objective  was  achieved 
through  an  iterative  process  of  integrating,  evaluating,  and  exploiting  new  and  im¬ 
proved  technology  in  design  concepts,  fracture  mechanics,  analysis  methods,  design 
criteria,  materials,  tests,  manufacturing  methods,  and  nondestructive  inspection 
methods.  From  the  study  of  a  comprehensive  matrix  of  cover  and  substructure  con¬ 
cepts,  eight  configurations  were  formulated  for  analysis.  Upon  completion  of  the 
analysis,  the  configurations  were  evaluated  using  a  merit  rating  system  which  recog¬ 
nized  the  important  performance  characteristics  of  a  structural  design.  This  evalua¬ 
tion  resulted  in  the  selection  of  three  recommended  configurations  which  met  the 
objective  for  further  study  in  the  planned  follow-on  program.  Also,  a  comprehensive 
damage  tolerance  criteria  sensitivity  analysis  was  performed  as  a  port  of  this  study 
to  evaluate  the  effects  of  variations  in  critical  criteria  parameters  on  selected  design 
control  functions. 
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SECTION  I 


INTRODUCTION 

Structural  problems  associated  with  recent  aircraft  development  programs  have  spot¬ 
lighted  the  need  for  more  intensive  structural  development  to  reduce  program  risk  and 
to  enhance  reliability  for  future  systems.  Although  there  have  been  various  causes  of 
past  structural  problems,  they  tend  to  reflect  the  quest  for  ever-higher  structural 
efficiency  in  which  the  performance  capabilities  of  materials  and  configurations  were 
exploited  beyond  the  limits  proved  feasible  by  adequate  research  and  development 
programs. 

1 . 1  ADP  PROGRAM  OBJECTIVES 

The  need  for  advanced  structural  development  led  the  Air  Force  to  initiate  the  long¬ 
term  Advanced  Metallic  Structures- Advanced  Development  Program  (AMS- ADP)  in¬ 
volving  several  aircraft  types.  One  of  these  was  established  for  cargo/tanker  cate¬ 
gory  aircraft. 

The  objectives  of  the  ADP  are  to  develop  improved  aircraft  structural  designs  and  to 
define  and  implement  the  development  programs  required  to  substantiate  them  prior 
to  acquisition  of  new  Air  Force  systems.  In  addition  to  the  development  of  new 
design  configurations,  and  improved  materials  applications  and  manufacturing  tech¬ 
niques,  the  program  includes  a  review  of  design  criteria,  proposed  fatigue  and 
fracture  criteria  and  their  effects,  analysis  methods,  and  quality  assurance  measures 
required  to  develop  reliable  structures. 

1 .2  SPECIFIC  OBJECTIVES  -  ADP  CARGO/TANKER  WING  PROGRAM 
The  specific  objectives  established  for  the  cargo/tanker  wing  program  are  to: 

(1)  Double  the  fatigue  life  of  baseline  structure  (60,000  hours  in  lieu 
of  30,000  hours). 

(2)  Decrease  weight  by  4  to  8  percent. 

(3)  Maintain  cost  at  or  below  baseline  levels. 
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To  achieve  these  objectives,  a  study  procedure  was  defined  for  creating  and  eval¬ 
uating  new  structural  concepts.  Eight  concepts  were  conceived,  analyzed,  and 
evaluated.  Three  of  these  concepts  were  then  selected  for  additional  design, 
analysis,  and  evaluation. 


2 


SECTION  II 


SUMMARY 

The  objectives  of  this  Cargo/Tanker  Structures  Program  are  to  develop  designs  with 
double  the  fatigue  life  of  the  baseline  C-141  inner  wing  box,  with  an  overall 
weight  saving  of  4  to  8%  and  without  increased  cost.  These  objectives,  established 
at  the  outset,  were  met  and  exceeded  by  two  of  the  three  recommended  designs, 
while  the  latest  damage  tolerance  requirements  of  the  "Proposed  USAF  Damage 
Tolerance  Criteria,"  dated  18  August  1972,  were  also  met.  As  the  third  design 
is  especially  amenable  to  low-cost  production,  cost  saving  was  emphasized  in  this 
design  at  the  expense  of  weight  saving. 

The  feasibility  of  several  new  and  innovative  design  concepts  was  demon¬ 
strated  by  component  tests  of  key  features  of  the  three  configurations. 

From  the  study  of  a  comprehensive  matrix  of  cover  and  substructure  concepts, 
eight  configurations  were  formulated  for  analysis.  These  configurations  are 
described  in  Table  I.  Upon  completion  of  the  analysis,  the  configurations 
were  evaluated  using  a  merit  rating  system  which  recognizes  the  important 
performance  characteristics  of  a  structural  design,  including  efficiency  (cost 
and  weight),  integrity,  reliability,  and  other  practical  considerations.  The 
merit  rating  summary  is  given  in  Table  II.  This  evaluation  resulted  in  the 
selection  of  three  recommended  configurations  for  further  study  in  the 
planned  follow-on  program. 

The  three  recommended  configurations  are  characterized  by  the  cover  concepts, 
since  the  upper  and  lower  covers  are  the  dominant  features.  These  three  con¬ 
figurations  are  listed  in  Table  III  by  names  descriptive  of  the  cover  concepts. 
Pertinent  results  of  the  studies  are  given,  along  with  corresponding  data  for 
the  updated  baseline  structure.  Of  course,  all  of  the  new  configurations 
give  twice  the  life  of  the  baseline.  The  Weldbond  configuration  provides 
excellent  cost  and  weight  savings  with  a  higher  technical  risk  as  compared 
with  the  other  configurations.  The  Virgin  Plank  configuration  offers  very 
good  cost  and  weight  savings  with  a  moderate  technical  risk.  The  Tapered 
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Shingle  configuration  provides  the  largest  cost  saving  of  all  in  a  design  which 
incurs  the  lowest  technical  risk.  Collectively,  these  configurations  establish 
a  diverse,  challenging  medium  for  accomplishing  the  Program  development 
ond  demonstration  objectives. 


4 


CONFIGURATIONS  SUBMITTED  TO  ADP  EVALUATION  CRITERIA 
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TABLE  II 

MERIT  RATING  SUMMARY  OP  CANDIDATE  CONCEPTS 
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TABLE  III 


SUMMARY  OP  STUDY  RESULTS 


CONFIGURATION 

WEIGHT 

LBS. 

(1) 

COST 

S 

(2) 

FATIGUE 
LIFE  , 
HRS.rlO^ 

WEIGHT 

SAVINGS 

(*) 

COST 

SAVINGS 

(*)  (3) 

BASELINE  IN. 

'  UPDATE 

7,012 

376,961 

30 

' 

' 

WELDBOND 

6,415 

531,120 

60 

8,5 

20 

VIRGIN  f\ 

PLANK  q. 

6,556 

341,910 

60 

6.8 

16 

TAPERED 

SHINGLE  i  _ .> 

6,935 

294,287 

60 

1.1 

33 

NOTES:  (l) 
(2) 


Total  structural  weight,  one  side  only. 

Values  are  total  recurring  and  non-recurring  costs  per 
aircraft. 


(3)  Percentages  are  based  on  variable  recurring  costs  only 
(See  Section  XI ). 
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SECTION  III 


BASELINE  COMPONENT  AND  STRUCTURAL  REQUIREMENTS 

3. 1  BASELINE  COMPONENT  SELECTION 

The  C-141  Inner  Wing  was  selected  as  the  baseline  for  the  Cargo/Tanker  ADP 
Program  because  it  corresponds  closely  to  the  baseline  requirements  of  the 
Statement  of  Work  (RFP  F33615-72-Q-1893,  Section  3.0.1).  Figure  1  shows 
the  specific  ways  in  which  the  C-141  Inner  Wing  complies  with  these  re¬ 
quirements. 

The  C-141  baseline  wing  not  only  satisfies  the  RFP  requirements;  it  also  repre¬ 
sents  a  sound  structural  design  which  has  encountered  only  a  few  relatively 
minor  structural  problems  during  more  than  three  million  hours  of  fleet  service. 
Most  of  these  have  been  attributable  to  corrosion. 

The  C-141  wing  closely  represents  current  state  of  the  art  design,  and  im¬ 
provements  in  a  good  modern  design  through  the  use  of  advanced  technology 
are  much  more  meaningful  than  attempted  improvements  in  an  outdated  design. 
Baseline  update  involves  primarily  minor  changes  in  material  temper,  finishes, 
and  processes,  and  it  reflects  the  more  stringent  fatigue  and  damage  tolerance 
requirements  now  in  use  as  discussed  in  the  following  subsections.  Thus,  the 
use  of  this  baseline  allows  an  assessment  of  the  effects  of  criteria  changes  on 
a  modern  wing  design,  and  it  provides  the  opportunity  of  clearly  distinguishing 
between  advanced-technology  improvements  and  those  improvements  resulting 
from  evolutionary  technology  which  might  be  the  case  if  an  older  airplane, 
such  as  the  C-130  or  KC-135,  were  used  as  the  baseline. 

3.2  BASELINE  STRUCTURE  CONFIGURATION 

The  baseline  structure  selected  for  the  advanced  cargo/tanker  study  is  the 
inner  wing  box  of  the  C-141  aircraft,  shown  in  Figure  2.  The  two-spar, 
multi-rib  box  has  a  span  of  29  feet  and  extends  from  WS  77.  7  at  the  center 
wing  joint  to  IWBR  Sta.  374.5  at  the  outer  wing  joint.  The  front  spar  forms 
the  forward  boundary  of  the  box.  It  is  located  ot  12%  chord  with  a  sweep 
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INNER  WING  BOX 


ADPO  RECOMMENDED  CRITERIA 

FOR  BASELINE  VEHICLE  AND 
COMPONENT  SELECTION 

REFERENCE 

C-UIA  INNER  WING  COMPLIES 

CLOSELY  WITH  THESE  REQUIRE¬ 
MENTS  (AS  SHOWN  BELOW) 

o  Should  represent  the  current 
structures  technology  for  valid 
"improvement  over  srate-of- 
fhe-ort"  reference. 

SOW  Par. 

3.0.1(a) 

o  Static  strength  criteria  of  C-UI  were  those  of 
MIL-A-8860  series  combined  with  CAR-4b. 

o  Fatigue  life  criteria  were  based  on  MIL-A-8860 
series. 

o  Should  meet  *he  requirements  of  the 
MIL-A-8860  series  specifications 

SOW  Par. 

3.0.1(b) 

o  Damoge  tolerance  criteria  were  those  of  CAR-4b. 

and  ASIP  (ASO  TR  66-57). 

o  Full-scale  test  programs  closely  follow  those 
specified  in  MIL-STD-  1530  (ASIP) 

o  Should  hove  service  experience 
available. 

SOW  Por. 

3.0.1(c) 

o  Total  fleet  cumulative  flight  time  (281  airplanes): 

3, 145, 141  hr. 

o  High-time  airplane  flight  time:  19, 166  hr. 

o  Individual  airplane  usage  i«  tracked  and  monitored 
continuously  through  ASIP  programs  implementation. 

o  Should  have  potential  for  dem¬ 
onstrating  significant  advancements 
in  technology. 

SOW  Par. 

3.0.1(d) 

o  Fatigue  improvements  can  be  easily  demonstrated 
by  comparative  component  ond  full  scale  tests. 

In  addition  ADP  wing  could  be  flown  in  future 
to  compare  service  experience. 

o  The  component  shall  be  one  which 
is  critical  to  the  safety  of  the  air¬ 
craft  and  is  most  cmenable  to 
technology  demonstration. 

SOW  Por. 

3.0.1(e) 

o  The  C-UIA  inner  wing  is  obviously  critical  to 
safety  of  the  aircraft.  This  component  is  also 
most  omenable  to  technology  demonstration. 

FIGURE  1 


BASELINE  SELECTION  CRITERIA 
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FIGURE  2  BASELINE  STRUCTURE  -  C-141  INNER  WING 


angle  of  26°.  The  rear  spar  Is  positioned  some  18  1/2  feet  aft  at  WS  77.7 
and  has  a  sweep  angle  of  11°.  The  leading  and  trailing  edges  and  the  pylon 
structure  are  not  included  in  the  baseline. 

Since  chordwise  splice  plates  at  the  inner  and  outer  wing  joints  may  require 
changes  due  to  revised  panel  configurations,  they  are  included  in  the  base  line - 
The  entire  inner  wing  box  is  an  integral  fuel  tank,  divided  into  four  compart- 
ments  by  bulkheads  at  the  pylon  rib  and  IWBR  Sta*  144.8,  and  a  partial  beam 
at  mid-chord  extending  from  WS  77.7  to  IWBR  Sta*  144.8.  This  is  illustrated 
in  Figure  3,  Pylon  attachment  fittings  mounted  on  the  front  beam  and  lower 
surface  panels  are  machined  from  4340  steel  forgings  and  are  included  In  the 
baseline  structure. 

3.2. 1  Cover  Panels 

The  integrally  stiffened  surface  panels  are  made  from  7075-T651 1  extrusions 
which  are  machined  to  final  dimensions.  All  panels  are  approximately  21 
inches  wide,  with  the  spanwise  joints  running  parallel  to  the  rear  beam. 

The  integral  stiffeners  are  simple  risers  spaced  at  approximately  4, 1-inch 
centers  for  all  panels.  The  panels  are  designed  to  carry  axial  loads,  shear, 
and  normal  pressures  from  air- load,  fuel  pressures,  and  other  effects.  The 
panels  are  joined  together  along  spanwise  splices  by  Taper-Lok  fasteners, 
and  are  supported  for  compression  and  bending  loads  by  full -depth  ribs  at 
approximately  23-inch  intervals. 

3.2.2  Spars 

The  spars  are  of  conventional  design,  comprising  upper  and  lower  caps  fab¬ 
ricated  from  7075- T6  extrusions  and  webs  machined  from  7075-T6  sheet,  Web 
stiffeners,  made  from  7075-T6  tee  extrusions,  are  located  at  approximately 
8  inches  pitch  and  are  attached  with  Hi-Lok  fasteners.  The  front  spar  has  an 
intermediate  cap  and  a  web  splice  located  at  approximately  one-third  of  the 
beam  height  from  the  lower  surface.  This  is  a  foil-safe  design  feature  which 
extends  the  full  length  of  the  inner  wing.  Attachment  of  spar  caps  to  surface 
panels  is  made  with  Taper-Lok  fasteners. 
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IWBR  STA 
374-45 


TANK  NO. 

4  OUTBD  EXTENDED  RANGE  TANK 

5  INBD  EXTENDED  RANGE  TANK 

6  INBD  AUXILIARY  TANK 

7  INBD  MAIN  TANK 

8  SUMP  -  INBD  MAIN  TANK 

(a)  Fuel  Tank  Identification 


FIGURE  3  BASIC  GEOMETRY 
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3.2.3  Ribs 


Typical  wing  box  ribs  are  trusses  mode  up  of  7178-T6  extruded  caps  and  diagonal 
braces  fabricated  from  7075-T6  extrusions.  The  inboard  and  outboard  closure 
ribs,  the  pylon  support  rib,  and  the  fuel  bulkhead  at  !WBR  Sta.  144.8  are  all 
of  the  web-stiffened  type.  All  ribs,  except  the  pylon  support  rib  and  the  pro¬ 
duction  joint  rib  at  WS  77.7,  are  mounted  normal  to  the  rear  beam. 

3.3  BASELINE  DESIGN  CRITERIA 

The  baseline  C-141  inner  wing  box  was  designed  to  meet  the  applicable  re¬ 
quirements  of  the  MIL-A-8860(ASG)  series  specifications  dated  18  May 

(21 

1960,  and  CAR-4b  through  Amendment  4b- 1 1  ,  effective  1  October  1959. 

The  C-141  is  basically  a  2.5  g  transport-category  airplane,  designed  for  maneuver 
loads,  specification  gust  velocities  and  landing  sink  rotes.  The  design  fatigue  life 
goal  was  30,000  flight  hours,  12000  landings,  and  6500  cycles  of  fuselage 
pressurization. 

The  basic  design  loads  criteria  and  fatigue  spectra  have  been  extracted  from 
applicable  reports  which  have  been  submitted  to  the  Air  Force. 

3.4  ADP  PROGRAM  a  I  TER  I A 

The  baseline  design  criteria,  with  minor  changes  and  additions,  also  apply  to 
the  ADP  program.  Static  strength  requirements  are  unchanged,  and  baseline 
bending  and  torsional  stiffness  were  maintained  in  all  ADP  designs.  Changes 
in  the  fatigue  area  include  updating  the  fatigue  load  spectrum  to  reflect 
operational  usage  dota  collected  in  the  C-141  airplane  tracking  program. 

Fatigue  loads  for  the  ADP  program  are  based  on  the  test  loads  spectrum 
developed  for  the  C-141  wing-fuselage  fatigue  test  specimen,  with  the 
number  of  full-stop  landings  increased  to  8187.  The  safe-life  requirement 
for  ADP  designs  is  twice  the  fatigue  life  of  the  baseline.  In  addition,  a 
peak-to-peak  ground-air-ground  cycle  is  used  in  place  of  the  mean- to- mean 
cycle  description  of  the  baseline  airplane. 

The  primary  addition  to  the  structural  design  criteria  pertain  to  damage  toler¬ 
ance.  The  ADP  inner  wing  designs  comply  with  the  requirements  of  MIL-STD-1530 
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(USAF),  "Aircraft  Structural  Integrity  Program,  Airplane  Requirements,"  dated 
1  September  1972,  and  the  "Proposed  USAF  Damage  Tolerance  Criteria,"  dated 
18  August  1972.  Table  IV  highlights  the  principal  aspects  of  the  criteria. 

3.5  BASELINE  UPDATE  TO  1972  TECHNOLOGY 

An  analysis  of  the  design  and  production  methods  used  for  the  baseline  structure  was 
completed,  and  all  areas  of  change  required  to  meet  1972  technology  standards  were 
identified.  The  purpose  of  this  update  was  to  provide  a  meaningful  basis  for  com¬ 
parison  and  to  demonstrate  the  true  contribution  of  advanced  technology  beyond  the 
current  state  of  the  art. 

Technological  improvements  in  design  criteria,  materials,  joining  systems,  finishes 
and  processes,  structural  configurations,  analysis  methods,  fabrication  methods,  and 
inspection  techniques  were  assessed;  and  incremental  changes  in  cost,  weight,  static 
strength,  fatigue  life,  and  corrosion  resistance  were  evaluated.  To  provide  a  common 
base  for  evaluation,  and  to  minimize  the  difficulty  in  quantifying  some  of  these  per¬ 
formance  parameters,  all  changes  were  expressed  in  terms  of  weight  and  cost;  if  a 
material  change  showed  an  increase  in  static  strength,  this  was  converted  to  a  weight 
reduction.  The  results  of  this  update,  summarized  in  Tables  V  and  VI,  were  used  as 
a  basis  for  comparison  with  the  ADP  designs.  A  detailed  explanation  of  the  cost 
development  for  the  updated  baseline  is  given  in  Section  XI.  An  explanation  of  some 
of  the  more  significant  incremental  weight  changes  is  noted  below. 

(1)  Finishes  and  Processes  -  Overcoating  all  fastener  heads  and  a  topcoat 
sealant  has  been  introduced  inside  the  tank  for  increased  reliability  and 
corrosion  resistance  -  +  57  pounds. 

(2)  Fasteners  -  The  increase  reflects  the  introduction  of  high  clamp-up 
fasteners  for  ribs  and  spars  and  a  change  from  Taperloks  to  high  strength 
bolts  at  the  chordwise  splices  -  +  55  pounds. 

(3)  Materials  -  7075-T76  in  lieu  of  7075-T6  aluminum  is  used  for  all  major 
components  to  provide  better  stress  corrosion  resistance.  The  lower-static 
properties  of  this  material  imposes  weight  and  cost  penalties  due  to  the 
required  increase  in  material  thickness  -  +318  pounds. 


16 


DAMAGE  TOLERANCE  CRITERIA 
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WEIGHT  BREAKDOWN  -  C-141  INNER  WING 
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COST  BREAKDOWN  -  BASELINE  UPDATE 
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(4) 


FaMgue  -  Analyses  based  on  combined  stresses  and  a  peak-to-peok  G-A-G 
cycle  dictate  that  lower  design  cutoff  stress  levels  be  used  which  results  in 
both  weight  and  cost  increases  -  +164  pounds. 

(5)  Damage  Tolerance  -  Increases  result  from  the  lower  stress  levels  used  to 
satisfy  the  revised  damage  tolerance  requirements  -  +  72  pounds. 

It  should  be  noted  that  the  above  weights  attributed  to  fatigue  and  damage  tolerance 
are  delta  weights  and  do  not  reflect  the  total  weight  effect  for  fatigue  or  damage  tol¬ 
erance  criteria  when  considered  alone.  An  explanation  of  the  rationale  in  determining 
the  delta  weights  for  fatigue  and  damage  tolerance  is  as  follows:  first,  in  updating  the 
baseline,  effects  of  fatigue  and  damage  tolerance  criteria  were  considered  significant 
only  for  surface  panel  and  spar  cap  structure.  Effects  were  felt  to  be  negligible  in  the 
substructure.  Second,  effects  of  material  changes,  fatigue  requirements,  and  damage 
tolerance  criteria  are  interrelated;  i.e.,  a  weight  change  and  corresponding  stress 
change  resulting  from  any  one  of  the  three  parameters  affects  the  other  two.  Since 
effects  of  damage  tolerance  criteria  generally  overshadow  fatigue  effects,  and  fatigue 
in  turn  encompasses  materials  changes,  update  analysts  was  conducted  considering: 
first,  updated  materials;  second,  fatigue  requirements;  and,  finally,  damage  tolerance 
criteria.  After  each  change  was  evaluated,  the  delta  weight  over  and  above  the  pre¬ 
vious  weight  change  was  calculated  and  recorded. 

A  numerical  explanation  of  the  above  is  given  for  clarification.  The  total  weight  for 
changes  due  to  fatigue  was  432  pounds.  Since  268  pounds  had  already  been  included 
for  material  changes  in  the  covers  and  spar  caps,  which  in  itself  enhanced  the  fatigue 
life,  this  value  was  subtracted  from  the  432  pounds,  thus  leaving  164  pounds  for  the 
delta  weight  for  fatigue.  Again,  a  weight  increment  of  504  pounds  was  calculated  for 
effects  of  damage  tolerance  criteria.  Since  the  previous  weights  for  the  material  and 
fatigue  changes  enhanced  the  damage  tolerance  strength,  the  additional  delta  weight 
of  504  pounds  minus  268  pounds  (materials)  minus  164  pounds  (fatigue),  or  72  pounds, 
was  incorporated  for  domage  tolerance.  In  this  manner,  the  accumulative  delta 
weights  are  given  such  that  these  can  be  added  together  to  obtain  the  overall  weight 
of  the  updated  baseline. 
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SECTION  IV 
TECHNICAL  APPROACH 


4.1  SCOPE 

Existing  rib  spacings,  fuel  tank  arrangements/  center  and  outer  wing  joints,  and 
attachment  structure  for  edges  were  generally  retained  throughout  the  preliminary 
design  study  to  maintain  functional  interfaces  of  the  ADP  article  with  the  remainder 
of  the  baseline  aircraft.  This  provides  a  direct  comparison  with  the  baseline  and 
emphasizes  that  the  basic  form  of  construction  of  the  C-141  inner  wing  is  highly 
suited  for  an  advanced-technology  wing  design. 

The  scope  of  the  preliminary  design  studies  emphasized  alternate  materials,  forms 
of  construction,  manufacturing  and  assembly  methods,  and  geometric  changes 
corresponding  to  alternate  damage  tolerance  concepts. 

4.2  STUDY  PROCEDURE 

The  study  procedure  adopted  for  this  program  involved  several  distinct  phases  of 
successively  greater  depth  and  narrower  scope,  finally  converging  on  the  three 
selected  designs:  the  Weldbond,  Virgin  Plank,  and  Tapered  Shingle  concepts. 

This  approach  is  illustrated  in  Figures  4  and  5. 

In  the  initial  phase,  numerous  component  concepts  were  considered,  each  of  which 
evidenced  advantages  in  weight,  cost,  damage  tolerance,  fatigue,  or  other 
desirable  aspects.  These  were  broadly  screened  with  simplified  analytical  substantia¬ 
tion  to  eliminate  the  least-likely  candidates,  using  the  specified  selection  criteria. 

In  the  second  phase,  compatible  cover  and  substructure  concepts  were  combined  to 
define  eight  wing  box  configurations  for  preliminary  assessment.  Provisional  loods 
and  material  strength  data,  including  approximate  design  cutoff  stress  levels  for 
fatigue  and  fracture  requirements,  were  established  for  this  purpose.  Several 
variations  were  introduced  during  this  phase  as  suggested  by  trade  studies  and  a 
more  detailed  design  analysis,  and  the  resultant  configurations  were  compared  with 
the  baseline,  using  the  merit  rating  system  described  in  Section  XII. 
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In  the  concluding  phase,  preliminary  designs  of  the  three  highest  scoring  configura¬ 
tions  were  developed  with  fully  supporting  stress,  fatigue,  damage  tolerance,  cost, 
and  weight  analyses  to  confirm  the  merit  rankings  and  to  ensure  compliance  with  all 
design  requirements. 


22 


23/24 


FIGURE  5  STUDY  PROCEDURE 


SECTION  V 

NEW  STRUCTURAL  CONCEPTS/CONFIGURATIONS 
5.1  DESIGN  APPROACH 

The  structural  areas  where  fatigue  cracks  usually  occur  are  typically  characterized 
by  discontinuities  or  disruptions,  stress  risers,  or  sudden  variation  in  the  load  paths. 
Such  areas  are  associated  with  holes,  cutouts,  doors,  doubler  fasteners,  sharp  radii, 
and  other  abrupt  changes  in  cross  section.  One  of  the  most  successful  ways  of 
increasing  fatigue  endurance  is  to  minimize  such  areas,  and  major  improvements  can 
be  mode  by  reducing  perforations  of  the  covers. 

Major  effort  during  this  study  was  focused  on  designs  which  eliminated  or  substantially 
minimized  conventional  fasteners,  since  fasteners  constitute  the  prime  causes  of  stress 
concentrations  in  most  areas  of  the  structure.  Hence,  the  predominance  of  bonded  and 
weldbonded  joints,  which  offer  great  promise  of  enhanced  fatigue  performance,  is 
evident  in  several  designs. 

Since  more  than  one-half  the  baseline  wing  box  weight  consists  of  cover  material, 
the  initial  emphasis  of  design  work  was  on  the  different  cover  configurations  which 
showed  promise  for  the  ADP  wing.  This  is  in  keeping  with  program  objectives  which 
emphasize  minimum-cost  designs  with  substantially  improved  fatigue  performance 
and  reduced  weight. 

The  substructure  of  the  baseline  article  is  not  generally  fatigue-critical;  hence,  low 
cost  and  weight  were  the  major  factors  influencing  the  various  substructure  designs. 
Care  was  also  taken  to  ensure  that  designs  were  compatible  with  the  selected  cover 
configurations. 

Some  of  the  design  features  aimed  at  cost  reduction  are  listed  below: 
o  Reduced  number  of  parts/fasteners 

o  Simplified  assembly  techniques 

o  Maximum  use  of  net  extrusions 

o  Elimination  of  complicated  machining 

o  Low-cost  automated  fastener  systems 
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5,2  MATERIAL  SELECTION 


The  baseline  structure  selected  for  this  study  is  subjected  to  relatively  low  load 
intensity.  The  box  structure  is  tapered,  and  the  load  level  remains  relatively  con¬ 
stant  spanwise.  The  upper  surface  compression  loads  peak  near  the  mid-chord  at 
a  value  of  15,000  pounds  per  inch,  while  the  lower  surface  compression  loads  peak 
near  11,000  pounds  per  inch.  Tension  loadings  are  of  the  same  general  magnitude. 
Consequently,  a  range  of  materials  of  intermediate  strengths  where  local  stability 
could  be  controlled  by  minimum-weight  construction  were  tentatively  selected. 

Tie  materials  considered  were  primarily  metallic,  in  consonance  with  the  basic 
objective  of  the  program  to  explore  innovative  advanced  metallic  structural  concepts. 
Advanced  composites  were  considered  as  reinforcement  materials,  although  all¬ 
composite  structural  configurations  were  not  considered. 

The  materials  selected  above  were  then  subjected  to  trade  studies  to  determine  those 
materials  which  hod  an  optimum  balance  of  tensile,  fatigue,  fracture  toughness,  and 
corrosion  properties  for  specific  applications.  In  addition,  these  materials  hod  to 
meet  processing  and  manufacturing  criteria  which  considered  the  structural  application 
and  manufacturing  technology.  Among  the  trode-offs  made  were: 

o  Fatigue  and  tensile  strength  level  versus  fracture  toughness 
o  Composition  versus  fracture  properties 
o  Weldability  versus  mechanical  and  fatigue  properties 
o  Corrosion  resistance  versus  mechanical  properties. 


From  the  above  evaluations,  a  list  of  candidate  materials  evolved  for  the  ADP 
Configurations.  These  materials,  with  designated  applicable  product  forms  and 
primary  reasons  for  selection,  are  listed  in  Tables  VII  and  VIII. 

Low-density  materials  generally  perform  better  in  lightly  loaded  structures,  especially 
in  low  shear  and  compression  applications  typical  of  large  aircraft  wings  and  fuselages. 
By  equating  the  various  modes  of  stability  failure  and  solving  for  the  attainable 
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ALUMINUM  ALLOY  MATERIAL  SELECTION  SUMMARY  -  ADP  DESIGNS 
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TITANIUM  AND  COMPOSITE  MATERIAL  SELECTION  SUMMARY  -  ADP  DESIGNS 
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GRAPHITE  -  EPOXY  HI-STRENGTH  TAPE  HIGH  STRENGTH/WEIGHT,  LOW  COST, 

THERMAL  COMPATIBILITY  WITH  TITANIUM 


specific  compression  stress  levels,  it  can  be  shown  that  aluminum  alloys  can  attain 
higher  stress  levels  per  pound  of  structure  than  titanium  or  steel,  both  of  which  have 
higher  ultimate  stress  levels  per  pound  than  aluminum.  Figure  6  shows  a  typical 
comparison  of  the  performance  of  these  materials  for  application  in  fuselage-and- 
wing-type  structures. 

The  relatively  low  loadings  ruled  out  the  efficient  use  of  steel  in  the  cover,  spar, 
and  rib  designs.  However,  selective  use  of  high  heat  treat  steel  (260  K SI  and 
above)  is  contemplated  for  certain  critical  fittings  such  as  pylon  support  fittings. 

For  these  applications,  the  18  Ni-300  maraging  steel  is  selected  over  currently 
used  30OM  steel  as  the  best  advanced  alloy  with  proven  potential  for  developing 
superior  fracture  toughness  as  well  as  the  required  high  static  and  fatigue  properties. 

In  the  less  conventional  concepts,  which  used  Lockskin  and  corrugation-stiffened/ 
scndwich  configurations,  high-strength  titanium  and  combinations  of  titanium  and 
advanced  composite  materials  offered  attractive  advantages.  The  mast  promising 
titanium  alloys  were  Ti-6AI-6V~2Sn  and  Ti-6A1  -2Zr-2Sn-2Mo-2Cr-0.25Si .  The 
latter  (referred  to  as  6-2-2-2-2)  Is  a  new  alloy  developed  by  Reactive  Metals  which 
offers  high  strength  and  toughness  and  deep  horde nabi lity . 

Composite  materials  considered  were  boron-epoxy  and  high-strength  graphite-epoxy . 
The  latter  offered  significant  cost  advantages  over  boron-epoxy,  but  had  the  dis¬ 
advantage  of  a  more  incompatible  coefficient  of  thermal  expansion  when  used  in 
combination  with  aluminum  and  titanium  alloys. 

5.3  STRUCTURAL  OPTIMIZATION 

In  conjunction  with  the  material  selection  studies,  structural  optimization  analyses 
and  studies  were  conducted  for  various  forms  of  construction,  geometric  shapes,  and 
geometric  arrangements.  Through  a  continuation  of  the  iterative  process,  the 
candidate  materials  in  various  forms,  shapes,  and  arrangements  were  selected  for 
possible  configurations.  Analyses  and  optimization  studies  were  made  from  these 
configurations  to  optimize  the  detail  structural  design  and  meet  all  design  requirements 
and  objectives.  Computer  programs,  verified  by  experimental  results,  were  extensively 
used.  The  programs  optimize  several  design  parameters  such  as  riser  spacing,  height. 
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C  *  1 .0  FOR  STIFFENED  SHEET  (HAT  OR  BETTER) 
s 

C  =0.81  INTEGRALLY  STIFFENED  UNFLANGED  RISERS 
s 

P.  »  LOAD  PER  INCH  (AXIAL  COMPRESSION) 

a  *  EFFECTIVE  COLUMN  LENGTH  (RIB,  RING, 

FRAME  OR  BULKHEAD  SPACING) 

F  =  CRITICAL  COMPRESSION  STRESS 
cr 

P  =  MATERIAL  DENSITY 


0  2  4  6  8  10 


C  2  (P./  )  x  10“2  lb/in2 
s  i/a 

FIGURE  6  ATTAINABLE  STRESS  TO  DENSITY  RATIO 
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flange  widths  and  thicknesses,  and  panel  thickness.  Also,  maximum  tension  stress 
thresholds  for  fatigue  and  damage  tolerance  are  parameters  used  in  the  optimization. 
This  optimization  ensured  efficient  minimum  weight  structural  designs  for  ultimate 
load  conditions  and  provided  for  reduced  stress  levels  resulting  from  fatigue  or  damage- 
tolerance  requirements. 

Various  possible  configurations  were  optimized  for  a  load  range  of  8,000  to  16,000 
pounds  per  inch.  The  results  of  the  optimization  process  were  plotted  for  ease  in 
performing  weight  and  cost  trade  studies.  Some  typical  panel  results,  t-bar  (average 
panel  thickness  including  stringer  areas)  versus  load  range  are  given  in  Figures  7  and 
8.  Figure  7  presents  typical  aluminum  results,  and  Figure  8  presents  typical  titanium 
and  titanium/composite  results. 

5.4  COVER  AND  SUBSTRUCTURE  CONCEPTS 

To  facilitate  the  evaluation  of  cover  and  substructure  concepts,  selection  matrices 
were  devised  which  listed  promising  combinations  of  design  configurations,  material 
alloys  and  forms,  and  assembly  methods.  These  are  illustrated  in  Tables  IX  and  X. 

This  process  was  used  to  ensure  that  promising  concepts  were  not  omitted  from 
consideration.  A  similar  approach  was  taken  for  the  major  splices  and  joints: 

Tables  XI  shows  the  principal  joining  methods  that  were  considered. 

These  concepts  were  then  subjected  to  a  preliminary  screening,  using  the  evaluation 
criteria  outlined  in  Section  XII,  and  compatible  cover  and  substructure  concepts  were 
combined  to  define  eight  ADP  wing  box  configurations. 
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FIGURE  7  PANEL  STRUCTURAL  OPTIMIZATION  -  ALUMINUM 
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FIGURE  8  PANEL  STRUCTURAL  OPTIMIZATION-TITANIUM 
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TABLE  X 


RIB,  BULKHEAD  &  SPAR  CONFIGURATIONS 
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TABLE  XI 

SPLICES  AND  JOINTS 
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5.5  CONFIGURATION  CONCEPTS 


A  description  of  the  eight  configurations  developed  during  Phase  I A  of  this  program 
is  presented  here.  Illustrations  are  included  to  depict  the  main  features  of  each 
concept.  Design  drawings  and  layouts  are  presented  in  Appendix  I. 

5.5.1  We Idbond  Configuration 

This  design  has  a  number  of  features  aimed  at  substantially  improving  fatigue  life. 
Extruded  7050-T76  stringers  are  attached  to  7475-T76  skins  by  the  we  Idbond  process 
as  shown  in  Figure  9.  Replacement  of  conventional  fasteners  with  we  Idbond  minimizes 
the  number  of  fastener  holes,  thereby  improving  fatigue  quality.  The  stringers  are 
shaped  to  form  small  'A'  frame  trusses,  providing  an  efficient  method  for  transferring 
shear  between  the  rib  cap  and  covers.  This  feature  eliminates  the  need  for  shear 
clips  between  the  covers  and  rib  caps,  again  minimizing  fastener  holes  as  well  as 
detail  parts.  The  stringers  are  tabbed  out  at  the  rib  caps  to  reduce  the  stress  level 
at  the  fastener  holes  in  the  stringer. 

This  configuration  relies  on  slow  crack  growth  to  satisfy  damage  tolerance  requirements. 
Hence,  the  number  of  spanwise  splices  is  dictated  by  practical  limitations  rather  than 
foil-safe  "crack-stopper”  requirements.  To  ensure  adequate  access  for  spotwelding 
equipment,  each  surface  assembly  comprises  three  weldbonded  panels  with  an  additional 
integrally  stiffened  panel  on  the  upper  surface  containing  the  large  cutouts  required 
fcr  tank  access. 

The  spar  design  selected  for  use  with  this  cover  configuration  is  the  welded  aluminum 
assembly  depicted  conceptually  in  Figure  10-  Spar  webs,  made  from  2219-T87  material, 
are  formed  in  a  "Sine  Wave"  pattern  and  are  welded  to  upper  and  lower  caps  using 
an  electron  beam  burn-through  weld  technique.  Development  of  the  burn-through 
weld  has  determined  the  feasibility  of  this  method  of  construction.  However,  further 
development  is  required  in  the  follow-on  program.  The  "sine  wave"  corrugation 
minimizes  any  tendency  of  the  spar  web  to  pick  up  axial  tension  stress  near  the  spar 
caps,  and  eliminates  the  row  of  fastener  holes  normally  required  to  join  the  web  to 
the  cap.  This  should  produce  significant  improvement  In  fatigue  life  of  the  spar  caps 
and  webs. 
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A  typical  rib  (Figure  1 1 )  is  of  conventional  truss  arrangement  with  the  diagonals 
fabricated  from  7050-T76  square  tubes.  The  rib  caps  are  back-to-back  extruded 
channels  of  7050-T76  aluminum  and  are  attached  to  the  stringers  with  Hilok  fasteners. 
This  design  is  aimed  primarily  at  low  cost,  and  the  entire  rib  assembly  is  fabricated 
from  net  extrusions.  Bulkheads  and  close-out  ribs  are  of  the  web  stiffener  type  and 
are  constructed  from  7050-T76  and  7475-T76  material  using  the  weldbond  fastener 
system. 

This  design  has  many  attractive  features,  including  projected  weight  savings  of  8.5% 
and  cost  savings  of  20%,  and  is  one  of  the  three  designs  selected  for  further  study. 
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FIGURE  9  WELDBOND  CONFIGURATION 
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FIGURE  10  SPAR  -  WELD60ND  CONFIGURATION 


WELDBOND  OR 
BLIND  FASTENERS 
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FIGURE  11  TYPICAL  RIB  -  WELDBOND  CONFIGURATION 


5.5.2  Hot  Stringer  Configuration 


This  configuration,  shown  in  Figure  12,  features  conventional  built-up  structure 

fabricated  from  advanced  aluminum  alloys.  The  substructure  for  this  concept  includes 

(12) 

several  features  presented  by  Douglas  in  the  "Quick  Look"  program  !  o  "Cross  Truss" 
design  for  ribs  and  a  "Geodetic"  stiffener  arrangement  for  spars  and  bulkheads. 
Considerable  effort  was  directed  toward  eliminating  mechanical  fasteners  from  the 
cover  material  and  reducing  the  number  of  detail  parts. 

The  hat-section  stringer  selected  for  upper  and  lower  covers  (see  Figure  13)  is  a 
7050-T76  net  extrusion  designed  with  angled  sides  to  provide  capability  of  trans¬ 
mitting  modest  rib-cap-to-cover  shear  loads.  In  highly  loaded  areas,  such  as  flap 
track  back-up  ribs,  shear  clips  attaching  directly  to  the  skin  are  required.  The 
skin  is  made  from  7475-T76  plate  material  which  is  machined  to  final  dimensions. 
Weldbonding  is  again  proposed  as  the  primary  joining  method.  Mechanical  fasteners 
in  conjunction  with  cold  worked  holes  are  used  in  areas  inaccessible  for  spot  welding 
equipment.  With  this  design,  weldbonding  is  also  used  for  the  attachment  of  rib 
cap  to  stringers,  and  this  involves  making  a  rib  cap/ stringer  assembly  prior  to  the 
attachment  of  the  outer  skin. 

Each  cover  consists  of  three  separate  skin  panels  which  are  joined  together  with  the 
bonded/c iomped  spanwise  splice  shown  in  Figure  14.  This  splice  is  a  variation  of  the 
joint  concept  proposed  for  the  Virgin  Plank  design  (Paragraph  5.5.7)  but  has  been 
adapted  for  use  where  the  skin  panels  can  be  formed  in  the  splice  area. 

The  cross-truss  rib  design  selected  for  this  configuration  is  shown  in  Figure  15.  The 
rib  cap  is  made  from  a  7050-T76  extrusion  and  is  attached  directly  to  the  skin  in 
the  local  areas  of  high  shear  transfer.  The  braces  forming  the  cross-truss  arrangement 
are  extruded  channels  of  7050-T76  material  which  require  no  machining  other  than 
cutting  to  length.  Spar  and  bulkhead  designs  both  feature  "Geodetic"  stiffening, 
an  arrangement  in  which  stiffeners  oriented  at  45°  to  the  vertical  axis  are  mounted 
on  both  sides  of  the  web. 

Although  this  configuration  scored  high  in  the  merit  rating  table,  it  was  eliminated 
primarily  because  of  an  estimated  cost  increase  of  10%  over  baseline  and  because 
of  potential  corrosion  problems  associated  with  the  interior  regions  of  the  hat- 
section  stringer. 
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FIGURE  12  HAT  STRINGER  CONFIGURATION 
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FIGURE  13  RIB  TO  COVER  ATTACHMENT  -  HAT  STRINGER  CONFIGURATION 
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FIGURE  14  BONDED  SPANWISE  SPLICE  (FORMED) 
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FIGURE  15  SUBSTRUCTURE  -  HAT  STRINGER  CONFIGURATION 


5.5.3  Lockskin  Configuration 

This  configuration  is  an  advanced-technology  design  featuring  a  "Lockskin"  cover 
{titanium  face  sheets  sandwiching  a  graphite  core)  stiffened  by  Z-section  titanium 
stringers  as  shown  in  Figure  16.  A  "Sine  Wave"  spar  web  was  selected  for  this 
configuration,  with  titanium  used  to  make  the  spar  material  compatible  with  the 
covers.  The  remaining  substructure  is  fabricated  from  advanced  aluminum  alloys 
selectively  reinforced  with  composites. 

This  design  offers  a  number  of  highly  desirable  features  which  include  the  fail-safe 
capability  of  a  laminated  assembly,  good  fatigue  resistance  as  a  result  of  the 
composite  interlayer,  and  a  high  strength -to-weight  efficiency. 

As  with  the  Weldbond  and  Hat  Stringer  configurations,  a  primary  objective  in 
developing  this  design  was  to  eliminate  fasteners  from  the  cover  material.  To 
achieve  this,  a  combination  of  weldbonding  and  adhesive  bonding  was  used  (see 
Figure  17).  In  the  first  assembly  stqge,  titanium  (6-2-2-2-2)  stringers  and  shear 
clips  are  weldbonded  to  the  inner  skin  to  form  an  inner  skin  assembly.  The  second 
stage  involves  the  adhesive  bonding  of  this  assembly  to  the  graphite  core  and 
outer  skins.  Weldbonding  is  proposed  as  the  joining  system  for  spanwise  splices. 
Three  splices  are  required  due  to  the  width  limitations  for  available  titanium  sheet. 

Rib  and  bulkhead  designs  are  of  the  web/stiffener  type  and  are  fabricated  from 
7475-176  aluminum  sheet  and  7050-T76  extrusions.  Boron-epoxy  is  planned  for  use 
in  reinforcing  various  substructure  components  such  as  rib  caps  and  stiffeners 
wherever  a  significant  improvement  in  strength-to-weight  efficiency  is  realized. 
Figure  18  shows  a  typical  rib  design,  configured  with  elliptical  lightening  holes 
which  also  provide  bay-to-bay  access  within  the  wing  box  integral  fuel  tank.  This 
design  produced  the  highest  score  from  an  advanced -tech  no  logy  aspect,  but  a 
predicted  cost  of  82%  over  baseline  caused  it  to  be  eliminated  from  further  con¬ 
sideration. 
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STRINGERS  AND  SHEAR 
CLIPS  ARE  WELDBONDED 
TO  INNER  SKIN 
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FIGURE  18  SUBSTRUCTURE  -  LOCKSKIN  CONFIGURATION 


5.5,4  Monolithic  Configuration 

In  this  configuration,  a  monolithic  approach  was  adopted  for  all  major  components 
with  emphasis  on  integrally  stiffened  extrusions,  one-piece  forgings,  and  large 
welded -up  assemblies  as  shown  in  Figure  19.  Several  aluminum  alloys  including 
2021-T81  were  considered  for  welded  assemblies  with  2219-T87  being  finally 
selected  because  of  its  superior  fracture  toughness  properties. 

Upper  and  lower  covers  are  fabricated  from  2219-T87  integrally  stiffened  extrusions 
(approximately  23  inches  wide)  and  fusion  welded  together  ot  the  spanwise  joints. 
Rib  caps  are  also  2219-T87  extrusions  and,  after  being  formed  to  contour,  are 
welded  to  the  covers  using  an  electron  beam  bum  through  weld  technique  (see 
Figure  20).  This  method  of  assembly  completely  eliminates  the  need  for  mechanical 
fasteners  through  the  cover  material  and  greatly  reduces  the  number  of  detail  parts. 
Another  advantage  of  this  form  of  construction  is  that  skin  thicknesses  may  be 
increased  locally  around  cutouts  and  splice  areas,  thereby  eliminating  doublers 
and  minimizing  stress  concentrations. 

A  typical  rib,  as  shown  in  Figure  21 ,  features  a  conventional  truss  rib  arrangement 
where  H-section  extruded  7050-T76  braces  are  attached  to  the  rib  caps  with 
mechanical  fasteners.  The  spar  design  is  a  welded  assembly  consisting  of  on 
integrally  stiffened  web  welded  to  the  spar  cap  using  a  burn-through  weld  process. 
An  alternative  spar  design  also  considered  for  this  configuration  was  a  one-piece 
forging. 

It  was  recognized  that  considerable  manufacturing  development  would  be  required 
to  provide  a  reliable  welded  joint  for  rib  cap  to  cover  attachment;  therefore,  an 
alternative  method  of  rib  cap  attachment  was  devised  (see  Figure 22).  This  type 
of  attachment  clip  provides  a  positive  attachment  for  rib  cap  to  cover  that 
eliminates  the  need  for  fastener  holes  through  the  cover  material.  This  is  accom¬ 
plished  by  wedging  the  clips  between  vertical  stiffeners  and  machined  knobs  in  the 
skin  panel  and  attaching  them  to  the  rib  cap  with  mechanical  fasteners. 

Although  attractive  from  a  cost  standpoint,  further  development  of  this  configuration 
was  not  pursued  due  to  the  loige  number  of  development  problems  associated  with 
the  design.  Also,  a  total  weight  in  excess  of  the  baseline  was  predicted. 
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FIGURE  19  MONOLITHIC  CONFIGURATION 
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FIGURE  20  RIB  TO  COVER  ATTACHMENT  -  MONOLITHIC  CONFIGURATION 
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FIGURE  21  SUBSTRUCTURE  -  MONOLITHIC  CONFIGURATION 
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FIGURE  22  COVER  DESIGN  -  NON-PENETRATING  CLIP 


5.5.5  Sandwich  Configuration 

This  configuration,  shown  in  Figure  23,  utilizes  honeycomb  sandwich  structure  for 
all  major  components  with  the  exception  of  ribs.  The  upper  and  lower  covers  are 
titanium  designs,  and  both  adhesive  bonding  and  brazing  were  considered  as  a  means 
of  assembly.  Spars  and  bulkheads  are  also  honeycomb  construction,  but  here  the 
primary  material  is  aluminum.  With  this  design,  spanwise  joints  are  located  on  a 
percentage  chord  line  and  panel  runouts  at  the  front  beam  are  eliminated.  A 
feature  of  the  cover  design  is  the  use  of  A-section  stringers  which  serve  the  dual 
purpose  of  spanwise  splice  plates  and  attachment  members  for  the  truss  rib 
arrangement  as  illustrated  in  Figure  24.  These  stringers  are  fabricated  from  titanium 
6-2-2-2-2  extrusions  and  are  located  at  chord  increments  of  approximately  10%. 
Mechanical  fasteners  in  cold  worked  holes  are  used  in  the  two  spanwise  splice 
locations  on  both  upper  and  lower  surfaces,  and  also  for  the  attachment  of  covers 
to  spar  caps.  It  will  be  noted  that,  with  this  design,  rib  caps  are  eliminated, 
although  it  is  recognized  that  some  chordwise  reinforcing  at  rib  locations  is  required. 
Spar  and  bulkhead  designs  for  this  configuration  are  of  conventional  honeycomb 
construction  and  are  7050-T76  and  7475-T76  materials  throughout  with  the  exception 
of  spar  caps  which  are  titanium  6-2 -2 -2 -2  to  match  the  covers  (see  Figure  25). 

The  diagonals  forming  the  truss  ribs  are  aluminum  7050-T76  H-section  extrusions  and 
attach  to  the  A-stringers  with  mechanical  fasteners. 

This  configuration  was  originally  conceived  as  a  minimum  weight  design,  but  the 
inclusion  of  non-optimum  factors  for  honeycomb  sandwich  constructions  resulted  in 
a  weight  penalty  of  10%  over  baseline.  Other  factors,  including  high  cost,  poor 
repairability  and  predictability,  made  this  the  lowest  scoring  design  of  the  eight 
configurations  evaluated. 
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FIGURE  23  SANDWICH  CONFIGURATION 
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FIGURE  24  RIB  TO  COVER  ATTACHMENT  -  SANDWICH  CONFIGURATION 
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FIGURE  25  SUBSTRUCTURE  -  SANDWICH  CONFIGURATION 


5.5.6  Composite  Hot  Configuration 

In  this  design  concept,  extensive  use  is  mode  of  composite  reinforced  metals  as  shown 
in  Figure  26.  Cover  designs  utilize  graphite-epoxy  stringers  to  reinforce  titanium 
skin  panels,  and  the  aluminum  substructure  is  selectively  reinforced  with  boron-epoxy 
laminates. 

Figure  27  shows  a  graphite-epoxy  hat-section  stringer  bonded  to  a  titanium  6-2-2-2-2 
skin.  Several  factors  influenced  the  selection  of  this  combination  of  materials 
including  compatible  coefficients  of  expansion,  reduced  cost  and  weight  of  graphite 
compared  with  boron,  and  the  absence  of  the  corrosion  potential  that  exists  with 
graphite/aluminum  assemblies.  Upper  and  lower  cover  assemblies  consist  of  four 
separate  panels,  and  the  spanwise  splices  are  adhesive  bonded  butt  and  splice  joints. 
This  form  of  bonded  construction  eliminates  the  need  for  mechanical  fasteners  and 
provides  excellent  fatigue  resistance.  Weldbonding  is  used  to  attach  rib  cap  shear 
clips  and  also  for  the  attachment  of  covers  to  spar  caps. 

The  rib  design  for  this  configuration,  shown  in  Figure  28,  consists  of  vertical  posts 
designed  to  withstand  crushing  and  normal  loads  and  a  cross  strap  arrangement  to 
transmit  shear.  Rib  caps  are  back-to-back  channels,  and  these  and  all  other  rib 
components  are  made  from  7050-T76  aluminum  extrusions.  Bulkheads  and  spars  are 
of  web/stiffener  design  and  are  fabricated  from  7475-T76  and  7050- T76  materials 
selectively  reinforced  with  boron-epoxy. 

As  with  the  Lockskin  design  described  previously,  the  use  of  titanium  and  composites 
imposes  a  substantial  cost  penalty  on  this  configuration.  A  modest  weight  saving 
was  projected,  but  the  overall  design  offered  little  in  the  way  of  other  attributes 
and  was  therefore  discontinued. 
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FIGURE  26  COMPOSITE  HAT  CONFIGURATION 
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FIGURE  27  RIB  TO  COVER  ATTACHMENT  -  COMPOSITE  HAT  CONFIGURATION 
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5.5.7  Virgin  Plonk  Configuration 


The  cover  design  for  this  configuration,  illustrated  in  Figure  29,  is  similar  to  that 
of  the  baseline  except  that  advanced  aluminum  alloy  7050-T76  is  utilized  and 
conventional  fastener  systems  for  spanwise  joints  and  rib  attachment  are  eliminated. 
The  'tee'  riser  arrangement  produces  an  efficient  cover  design,  and  also  provides  a 
retaining  flange  for  the  non-penetrating  clamped  rib  attachment  clip  shown  in 
Figure  30.  This  clip  is  an  outgrowth  of  the  design  shown  for  the  Monolithic 
configuration,  but  it  is  considerably  lighter  and  cheaper.  Its  design  also  permits 
a  simpler  machined  skin  panel  configuration.  Individual  skin  panels  are  approxi- 
mcfely  27  inches  wide  and  are  joined  together  with  the  bonded/clamped  spanwise 
splice  shown  in  Figure  31  .  This  novel  splice  concept  uses  adhesive  bonding  for 
primary  load  transfer  with  a  clamping  device  capable  of  withstanding  limit  loads  as 
a  secondary  load  path  in  the  event  of  a  bond  failure.  Mechanical  fasteners  which 
penetrate  only  the  splice  plates  run  the  entire  length  of  the  joint.  They  provide 
the  clamping  force  required  in  the  event  of  a  bond  failure  and  also  apply  pressure 
to  the  joint  during  the  curing  operation.  The  wave  pattern  groove  in  the  skin, 
when  mated  with  a  matched  land  on  the  splice  plate,  allows  the  transfer  of  shear 
along  the  joint,  even  with  a  disbonded  condition.  Thus,  a  fully  mechanical  fail¬ 
safe  feature  is  provided  by  this  design. 

A  one-piece  spar  forging  mode  from  7050-T76  material  is  used  for  front  and  rear 
spars  (see  Figure  32).  It  will  be  noted  that  with  this  configuration  the  fasteners 
normally  required  to  join  the  web  to  caps  and  stiffeners  are  eliminated,  producing 
a  significant  improvement  in  fatigue  life.  Current  cost  estimates  for  this  forging 
show  it  to  be  somewhat  costlier  than  built-up  structure,  but  the  improved  fatigue 
performance  and  weight  savings  justify  its  consideration. 

A  typical  rib,  shown  in  Figure  33,  features  an  'H '  section  brace  attached  to  the 
rib  caps  with  Hilok  fasteners.  Rib  caps  and  braces  are  fabricated  from  7050-T76 
extrusions. 

This  configuration  resulted  in  a  high  merit  rating  score  with  estimated  weight  savings 
of  6.8%  and  cost  savings  of  16%.  It  is  recommended  for  further  development  in 
the  follow-on  phases. 
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FIGURE  29  VIRGIN  PLANK  CONFIGURATION 
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ALUMINUM  SKIN  PANEL 
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FIGURE  31  BONDED/CLAMPED  SPANWISE  SPLICE 
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FIGURE  32  SPAR  -  VIRGIN  PLANK  CONFIGURATION 
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FIGURE  33  TYPICAL  RIB  -  VIRGIN  PLANK  CONFIGURATION 


5.5.8  Tapered  Shingle  Configuration 

Several  unique  features  are  incorporated  into  the  cover  design  for  this  configuration 
to  eliminate  some  of  the  problems  usually  associated  with  an  integrally  stiffened 
design.  Individual  skin  panels  are  7050-T76  extrusions  with  a  single  L-shaped  riser 
as  shown  in  Figure  34.  This  arrangement  allows  spanwise  tapering  of  the  panels  in 
such  a  manner  thot  ponel  runouts  at  the  front  beam  are  eliminated.  Two  constant 
width  panels.  Figure  35,  are  retained  on  the  upper  surface  to  accommodate  the  large 
cutouts  required  for  tank  access  and  fuel  pump  installation.  All  other  panels  are 
net  extrusions  and  are  formed  at  the  inboard  and  outboard  ends  to  suit  the  chordwise 
splice  arrangement.  The  use  of  net  extrusions  results  in  a  substantial  cost  savings, 
both  in  the  cost  of  raw  material  and  the  elimination  of  expensive  machining  opera¬ 
tions.  The  fastener  system  proposed  for  this  configuration  is  the  Grumman  stress 
wove  rivet.  This  system  lends  itself  more  readily  to  automation  than  other  more 
sophisticated  mechanical  fastener  systems  primarily  because  elaborate  hole  prep¬ 
aration  is  unnecessary  .  Also,  the  hole  filling  property  of  this  fastener  results  in 
a  reliable  interference  fit  which  in  turn  provides  substantial  fatigue  improvement. 

Front  and  rear  spars  are  of  conventional  build-up  structure  and  are  fabricated  from 
7050- T 76  and  7475-T76  material  (see  Figure  36).  Stress  wave  rivets  are  utilized 
in  fatigue  critical  areas,  such  as  spar  cap  to  web,  and  conventional  aluminum  rivets 
are  used  in  all  other  locations. 

Figure  37  shows  the  conventional  truss  rib  arrangement  proposed  for  this  configuration. 
The  rib  cap  is  made  from  a  7050-T76  extrusion  and  is  attached  directly  to  the  skin 
by  picking  up  fasteners  in  the  spanwise  splice.  The  braces  are  fabricated  from  circu¬ 
lar  tubes  and  are  attached  to  the  impact-extruded  end  fittings  by  a  combination  of 
swaging  and  capillary  action  bonding. 

This  configuration,  with  a  small  weight  saving  and  a  cost  saving  of  33%,  scored 
highest  of  all  the  designs  evaluated.  It  is  one  of  the  three  configurations  recommended 
for  further  development  in  Phases  IB  and  II  of  the  follow-on  program. 
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FIGURE  34  TAPERED  SHINGLE  CONFIGURATION 


FUEL  TANK  BULKHEAD 


W 


71 


LEGEND 

FIGURE  35  UPPER  SURFACE  -  TAPERED  SHINGLE  CONFIGURATION 
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FIGURE  36  SPAR  -  TAPERED  SHINGLE  CONFIGURATION 
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FIGURE  37  TYPICAL  RIB  -  TAPERED  SHINGLE  CONFIGURATION 


SECTION  VI 


MATERIALS  AND  PROCESSES 

Primarily  metallic  materials  were  considered  for  the  study  since  the  basic  program 
objective  is  concerned  with  advanced  metallic  structural  concepts  for  cargo/ 
tanker  aircraft.  Selective  use  of  advanced  composites  was  also  considered  as 
reinforcement  for  basically  metallic  designs.  Due  to  the  low  Internal  loads 
of  10  to  15  KIPS/inch  in  the  baseline  component,  a  matrix  of  materials  of 
intermediate  strength  was  tentatively  selected.  This  preliminary  materials  selec¬ 
tion  was  based  on  the  philosophy  of  utilizing  the  best  available  materials,  both 
new  and  existing,  provided  that  a  demonstrated  producibility  exists.  Thus, 
those  candidate  materials  in  the  very  early  stage  of  development  were  eliminated 
on  the  basis  of  high  risk.  The  basic  materials  selections  have  been  based  on 
property  improvements  resulting  from  new  heat  treating  parameters,  higher  purity 
alloys,  and  revised  thermomechanical  treatments. 

6.1  MATERIALS 

Candidate  materials  reviewed  for  applicability  to  this  study  included  aluminum, 
titanium,  and  steel  alloys  and  boron  and  graphite  epoxy  composites  for  re¬ 
inforcement  of  the  basic  metallic  designs.  The  aluminum  and  titanium  alloys 
were  evaluated  for  broad  usage,  (skins,  ribs,  spars,  etc.)  whereas  the 
application  for  the  steel  alloys  were  generally  limited  to  critical  fittings 
since  the  relatively  low  internal  loads  prevented  their  efficient  use  else¬ 
where.  Preliminary  design  allowables  for  those  materials  evaluated  in  detail 
for  utilization  in  the  eight  structural  concepts  are  included  in  Table  XII. 

6.1.1  Aluminum 

Various  aluminum  alloys  have  been  used  extensively  in  the  C-141  Inner  wing 
baseline  update  and  in  the  eight  advanced  design  concepts  which  have  been 
evaluated.  The  three  design  configurations  proposed  for  follow-on  studies 
make  extensive  use  of  two  newly  developed,  high  strength  aluminum  alloys, 

7050  and  7475.  Also,  the  unique  welded  sine-wave  spar  design  in  the 
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Weldbond  configuration  utilizes  2219  aluminum  which  has  excellent  weldability. 
These  advanced  design  concepts  utilizing  the  7050,  7475,  and  2219  alloys  have 
been  evaluated  and  compared  with  the  7075-T6  baseline  and  7075-T76  baseline 
up-date  configurations.  Design  data  for  these  candidate  aluminum  alloys  are 
discussed  in  the  following  paragraphs. 

6.1.1.  1  Static  Design  Allowables 

The  static  mechanical  properties  of  the  baseline  aluminum  alloy  7075-T6  and 
T76  along  with  the  candidate  alloys  are  shown  in  Table  XII.  The  data  basis 
stipulated  in  the  table  indicate  the  design  allowables  for  candidate  alloys 
7050  and  7475  ore  tenotitive  and  uncontrolled.  These  data  are  based  on 
limited  test  values  and  anticipated  specification  minimums.  The  final  product 
specifications  and  the  statistically  computed  and  derived  minimum  guaranteed 
values  are  projected  to  be  higher  than  the  design  allowables  values  of  Table  XII 
for  all  forms  and  tempers. 

Current  design  allowable  ultimate  tensile  strength  for  7050-T7651 1  extruded 
products  are  equivalent  to  the  baseline  alloy  7075  in  the  T6  condition  and  seven 
percent  higher  in  the  updated  76  temper,  The  computed  design  values 
(F.70,  n,  Ec<  &  E^),  as  shown  in  Table  XII,  used  in  the  panel  optimization 
programs  are  based  on  an  assumed  typical,  compressive  and  tensile  stress 
strain  curves.  These  values  are  substantially  higher  for  7050-T7651 1  than  the 
baseline  alloy  with  a  minor  reduction  in  the  compressive  modulus  (2%),  which 
makes  it  more  efficient  in  a  compression  critical  structure. 

Alloy  7475  and  2219  were  selected  for  the  design  concepts  due  to  their 
excellent  properties  adaptable  to  these  design  configurations. 

Alloy  7475-T76  sheet  and  plate  static  properties  (Ftu,  Fty,  Fsu)  are  10% 
lower  than  7075-T6  but  equal  to  7050- T76.  However,  the  outstanding  fracture 
properties  and  superior  fatigue  strength  establishes  this  alloy  as  a  logical 
candidate.  Alloy  2219  has  been  available  for  a  number  of  years,  with  its 
major  usage  confined  to  designs  exposed  to  extreme  temperatures  -450  to  +  600°F. 
It  was  selected  in  the  T87  temper  because  of  its  excellent  weldability,  post¬ 
weld  response  to  thermal  treatment  and  retention  of  parent  material  static 
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properties  after  weld.  It  is  being  specified  for  welded  application. 

6. 1.1. 2  Fracture  Design  Consideration 

The  fracture  properties  of  materials  have  become  of  paramount  importance  in 
selection  and  application  for  structural  design.  Improved  damage  tolerance 
design  criteria  and  materials  specification  requirements  prompted  industry  to 
develop  alloys  that  exhibited  superior  fracture  toughness  to  meet  these 
definitions. 

Fracture  toughness  data,  K^,  Kc  for  a  number  of  alloys  and  tempers  are 
shown  in  Table  XII  and  plotted  vs  thicknesses  in  Figure  38.  The  crack 
growth  data  for  a  number  of  stress  ratios  are  also  presented  in  Figure  39. 

The  fracture  data  for  the  prime  alloys,  7050,  7475,  and  2219,  were  derived 
from  the  extensive  test  programs  currently  in  progress,  and  from  limited 
in-house  tests.  The  data  indicate  that  alloy  7050  plain  stress  fracture 
toughness  in  the  7651 1  extruded  temper  is  30%  higher  than  the  T76  temper 
of  7075  baseline  alloy.  The  plain  stress  fracture  toughness  of  7475-T76 
sheet  is  40%  higher  than  7075-T76  sheet  material.  Aluminum  alloy  2219 
in  the  T87  temper  is  approximately  8%  lower  in  both  plain  strain  (K  j  )  and 
plain  stress  (K^)  than  7075-T76  alloy.  Crack  growth  rate  comparisons  show 
that  alloys  2219,  7050,  and  7475  have  the  lowest  crack-growfh  rates  with 
7075-T6  having  the  highest  rate.  In  making  comparisons  of  the  crack-growth 
rates  in  Figure  38,  note  that  the  curves  are  for  different  stress  ratios.  Data 
were  not  available  for  comparisons  at  the  same  ratios. 

6. 1 . 1 . 3  Fatigue  Data 

As  noted  previously,  the  newly  developed,  high  strength  7050  and  7475  alloys 
are  the  prime  materials  for  the  majority  of  the  structural  concepts  which  have 
been  studied.  In  addition,  2219  aluminum  is  utilized  for  its  excellent  weld¬ 
ability  and  strength  after  welding  for  the  sine  wave  spars  in  the  Weldbond 
Concept  and  for  the  skin  panels  and  ribs  in  the  Monolithic  configuration. 

For  the  fatigue  analyses  of  the  various  configurations  evaluated,  two  types 
of  fatigue  data  have  been  developed  and  include;  (1)  coupon  S-N  data  from 
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FIGURE  38  -  CRITICAL  STRESS  INTENSITY  FACTOR 
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2219-T87,  R  =  1/10 - 'ADP  DESIGN 


K  -  KSI  VlN 


FIGURE  39  -  MATERIAL  CRACA  GROWTH  DATA 
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notched  specimens  and  (2)  built-up  structures  S-N  data  which  have  been  shown 
in  Lockheed  and  industry  studies  to  accurately  represent  actual  full  scale 
structures.  Typical  built-up  structures  and  coupon  S-N  data  are  shown  in 
Figures  40  and  41 ,  respectively,  for  7050  aluminum  for  -  3.25. 

Since  both  the  7050  and  7475  alloys  are  relatively  new  and  limited  fatigue 
data  was  available  for  notched  coupons  only  at  the  beginning  of  this  program, 
the  bosis  for  all  the  S-N  curves  is  to  present  the  variable  stress  in  terms  of 
percent  of  F  rather  than  on  an  absolute  basis.  This  then  allowed  for  develop¬ 
ment  of  families  of  coupon  S-N  curves  for  the  various  tempers  and  forms  of 
each  material  by  utilizing  to  the  fullest  the  very  limited  amount  of  available 
test  data.  As  the  program  progressed  the  initial  S-N  curves  were  updated  to 
include  test  data  from  Lockheed,  other  ADP  programs,  and  vendor  data.  It 
should  be  noted  that  when  coupon  fatigue  data  became  available  for  7475-T76 
<F,„  70  KSI),  these  data  indicated  a  better  fatigue  endurance  than  the  7050 

alloys  which  have  higher  tensile  strengths.  This  has  been  reflected  in  the 
S-N  data  and  analyses.  For  example,  for  the  7475  -T76  alloy  the  maximum 
stress  at  lO^cycles  is  approximately  17.0  KSI,  whereas  for  the  7050- T76 

alloys,  F  =  15.2  at  1(^  cycles.  These  data  are  at  R  =  +0. 1 0  and 
max 

K  3.0.  Comparable  stresses  for  7075-T6  and  -T76  are  14.0  and  12.5  KSI, 

r  6 

again  at  10  cycles. 

The  built-up  structures  S-N  curves  (Figure  40)  are  significantly  different 
from  the  notched  coupon  curves  with  respect  to  both  slope  and  endurance 
limit.  These  curves  for  the  advanced  aluminum  alloys  have  characteristics 
similar  to  those  developed  under  Lockheed  IRAD  and  transport  fleet  tracking 
programs  for  7075-T6  aluminum.  The  stress  -  cycles  to  failure  relationship, 
however,  represents  the  improved  fatigue  performance  for  these  newer  alloys. 
These  built-up  structures  S-N  data  have  been  utilized,  as  appropriate,  for 
mechanically  fastened  joints  where  the  effects  of  fretting,  load  transfer, 
fastener  tilting,  etc.  have  a  significant  influence  on  the  fatigue  endurance, 
ond  the  actual  fatigue  endurance  is  not  represented  by  notched  coupon  S-N 
data.  The  coupon  curves  are  used,  however,  for  the  analysis  of  cut-outs 
and  access  holes  and  for  the  welded  and  weldbonded  structural  configurations. 
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FIGURE  40  S-N  BATA  -  7050-T76511  ALUMINUM,  BUILT-UP 
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FIGURE  41  -  S-N  DATA  -  7050-T7651 1  ALUMINUM,  COUPON 


The  latter  was  justified  by  an  analysis  of  data  for  weldbonded  joints  obtained 
from  full  load  transfer  joint  test  specimens,  the  type  generally  in  use  by 
industry  to  evaluate  this  type  structure.  Subsequently,  a  limited  development 
program  was  initiated  to  evaluate  the  effect  of  variation  in  load  transfer  on 
fatigue  performance.  This  program  has  not  been  completed,  but  initial  test 
results  indicate  that  coupon  S-N  data  may  not  best  describe  fatigue  charac¬ 
teristics  of  low  load  transfer  joints.  However,  more  tests  are  needed  before  it 
can  be  concluded  that  some  type  of  built-up  structure  S-N  data  should  be  used. 
The  fact  that  weldbonding  has  attractive  cost  saving  potential,  and  early  tests 
indicate  fatigue  performance  equivalent  to  steel  Taperloks  (Reference  Table 
XXXIX),  justifies  additional  fatigue  development  work  on  this  process  in  the 
follow-on  program. 

6.1. 1.4  Environmental  Effects 

The  effect  of  environment  on  the  various  alloys  is  another  parameter  to 
consider  in  the  materials  selection  process.  This  effect  can  be  in  the  form 
of  general  corrosion,  exfoliation  and/or  stress  corrosion.  The  resistance  of 
the  candidate  alloy  to  the  preceding  environmental  effects  is  outlined  below. 

The  general  corrosion  can  be  minimized  by  the  use  of  organic  finishes,  ale  lad 
and  anodizing.  Alloy  7050  with  a  higher  copper  content  than  7475  &  7075 
requires  a  better  finish  to  minimize  the  general  corrosion  attack,  possibly  a 
high  strength  cladding.  The  use  of  alloys  in  the  T76  overage  intermediate 
temper  results  in  high  resistance  to  exfoliation  corrosion  when  evaluated  per 
QQ-A-00250/24  specification.  The  T76  tempers  of  7050  &  7475  have  shown 
freedom  from  exfoliation  in  the  fabricated  surface.  The  stress  corrosion 
properties  of  alloys  in  T76  temper  do  not  exhibit  the  immunity  that  is  available 
in  the  T73  temper.  The  stress  corrosion  thresholds  of  the  selected  alloys  are 
guaranteed  at  50%  of  the  yield  strength  of  the  material  when  exposed  to  a 
corrosive  environment  acting  on  the  short  transverse  direction.  This  threshold 
which  lies  between  25  -  35  KSI  is  compared  with  5KSI  for  7075-T6  and  25  KSI 
for  7075-T76. 
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6.1*2  Titanium 


Three  new  or  advanced  structural  concepts  employing  extensive  use  of  titanium 
alloys  have  been  studied  during  this  program.  These  are  discussed  in  detail  in 
Section  V  and  include;  (1)  the  Lockskin  configuration  where  graphite  is 
sandwiched  between  two  titanium  sheets  to  form  the  wing  cover  panels, 

(2)  the  Sandwich  configuration  which  utilizes  titanium  honeycomb  sandwich 
panels,  and  (3)  the  Composite  Hat  configuration  with  titanium  cover  panels. 

The  three  titanium  alloys  selected  for  evaluation  include  Ti-6AI-2Sn-2Zr-2Mo-2Cr- 
0.25SI  (primary  candidate),  Ti-6AI-6V-2Sn,  and  Ti-6AI-4V*  The  6-6-2  and 
6-4  alloys  were  selected  as  back-up  for  the  6-2-2-2-2  primary  candidate 
since  limited  design  data  was  available. 

Design  allowables  for  the  Ti-6AI-2Sn-2Zr-2Mo-2Cr-.  25SI  and  the  Ti-6AI-6V-2Sn 

and  TI-6AI-4V  backup  alloys  are  shown  in  Table  XII  (b).  The  6-2-2-2-2  alloy 

has  a  very  good  strength/weight  ratio  and  excellent  fracture  toughness  as  seen 

from  the  design  allowables  data  in  Table  XII.  The  deep  hardenability,  fracture 

toughness  modulus,  and  strength/weight  ratio  of  this  new  alpha-beta  alloy 

make  it  most  attractive  when  compared  with  the  high  density  and  low  modulus 

of  the  metastable  beta  alloys  such  as  Beta  III  and  Beta  C.  For  example  the 

3 

modulus  and  density  of  the  6-2-2-2-2  alloy  are  17x10  K5I  and  0, 162 
Ib/m^  as  compared  with  15  x  10^  K SI  and  0*183  lb/in^  for  Beta  HI. 

6.1*3  Steel 


As  noted  previously,  the  relatively  low  internal  loads  in  the  C-141  inner  wing  ore 
such  that  the  aluminum  and  titanium  alloys  are  more  efficient  in  the  major  struc¬ 
tural  components  than  the  higher  strength  steels*  There  will  be  a  need  for  utiliz¬ 
ing  the  higher  strength  and  toughness  of  steel  alloys  in  selected  applications,  such 
as  pylon  fittings,  etc*  Those  steels  currently  considered  as  candidate  materials 
Include  the  9Ni-4Co,  18Ni  maraging,  and  PH13-8Mo  stainless  steels.  Design  allow¬ 
ables  for  these  materials  are  listed  in  Table  XII.  The  9Ni-4Co  and  18Ni  maraging 
steels  have  been  selected  for  high  strength,  deep  hardenability,  fracture  toughness 
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and  ease  of  fabrication  as  compared  to  other  commonly  used,  high  strength  alloys 
such  as  4340  and  300M,  The  PH13-8Mo  was  selected  for  Its  corrosion  resistance, 
toughness,  and  ease  of  fabrication-  The  9Ni-4Co  and  PH13-8Mo  steels  have 
a  K|c  of  approximately  100  whereas  30QM,  for  example,  Is  approximately  60 
and  D6AC  may  range  From  50  -  80,  The  18NI  maraging  steel  has  approximately 
the  same  ultimate  tensile  strength  as  300M  but  a  higher  K ^  (61  KStVTrT  vs 
65  KSIvTrT  ), 

6-1,4  Advanced  Composites 

Considerable  attention  has  been  focused,  recently,  on  structural  concepts 
which  incorporate  advanced  composite  materials  as  reinforcement  for  metallic 
materials-  This  will  then  incorporate  the  stiffness,  lightweight  and  fatigue 
resistance  of  the  composites  with  the  ease  of  fabrication  of  say,  an  aluminum 
or  titanium  alloy.  This  concept  has  been  incorporated  in  two  designs  evalu¬ 
ated  in  this  program;  he,,  the  Lockskin  configuration  and  the  Composite  Hat 
configuration.  In  both  designs,  graphite-epoxy  is  bonded  to  titanium  skin 
panels.  Graphite  is  lower  in  cast' than  boron  and  Is  used  with  the  titanium 
rather  than  aluminum  in  order  to  minimize  thermal  residual  stresses  after 
bonding  which  are  most  damaging  from  a  fatigue  standpoint.  Table  XH  (c) 
lists  the  design  allowables  for  the  boron  and  graphite  advanced  composites, 

6,2  PROCUREMENT  SPECIFICATIONS 

Attainment  of  the  corgo/tanker  structure  design  goals,  especially  those  relating 
to  fracture  and  fatigue  performance  and  corrosion  resistance,  requires  higher 
quality  materials  than  those  presently  produced  in  accordance  with  existing 
procurement  specification  requirements.  Closer  control  of  the  following  Items 
is  required  for  improved  quality: 

o  Chemical  composition 
o  Melting  practice 
o  Thermomechanleaf  treatment 
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o  Processing 
o  Macrostructure 
o  Microstructure 
o  Heat-treatment 
o  Internal  defects 
o  Quality  control  requirements 
o  Fracture  properties  as  a  function  of  thickness 
o  Mechanical  testing  requirements 

Purchase  of  the  material  for  fracture  critical  structure  will  be  controlled  by  newly 
written  and/or  revised  procurement  specifications  containing  requirements 
for  the  aforementioned  items.  These  specifications  will  ensure  that  the  basic 
materials  and  the  resulting  structure  will  have  as  a  minimum  the  static,  fracture- 
toughness,  and  corrosion  resistant  properties  used  in  design.  Tests  will  be 
conducted  prior  to  shipping  on  all  billets,  forgings,  extrusions,  plates, 
etc. ,  to  verify  that  the  specified  values  are  obtained.  Portions  will  also  be 
cut  from  these  items,  or  integral  projections  thereof,  at  receiving  inspection, 
and  additional  tests  performed  as  required. 

6.3  FINISHES  AND  PROCESSES 

Finishes  and  processes  reflecting  the  latest  technology  were  selected  for 
protecting  the  wing  structural  components  from  corrosion  and  for  fuel  tank 
sealing.  Where  corrosion  resistance  is  not  inherent  in  the  materials  called 
for  in  each  of  the  design  configurations,  additional  measures  will  be  taken  to 
ensure  corrosion  protection  at  least  commensurate  with  the  best  state  of  the  art. 

In  a  few  areas,  developmental  work  is  required  to  acquire  either  the  know-how 
or  the  desired  assurance  of  efficiency  of  the  protection  system.  In  this 
category,  there  is  one  notable  case  in  point:  weldbonded  assemblies.  In 
order  to  assure  the  high  level  of  protection  required,  a  development  program 
is  required  to  attain  in  one  system  the  combined  objectives  of  high  corrosion 
resistance,  reliability  of  process  results,  and  economy  of  production.  In  the 
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meontime,  protection  systems  are  described  below  which  ore  considered  sure  of 
providing  a  high  level  of  corrosion  protection,  although  the  systems  described 
are  not  as  economical  as  desired. 

6.3.1  Finishes 

The  following  were  selected  as  the  basic  surface  finishes  for  application  to  com¬ 
ponents  made  of  the  indicated  materials: 
o  Titanium  -  shot  peen 

-  passivate 
o  Aluminum  -  shot  peen 

-  sulfuric  acid  anodize  (chromic  where  bonding) 

-  dichromate  seal 

-  polyurethane  coat  (MIL-C-27725) 
o  Steel  -  shot  peen 

-  cadmium  plate  (QQ-P-416,  Class  2,  Type  If) 

-  polyurethane  coat  (MIL-C-27725) 

6.3.2  Processes 

For  corrosion  prevention,  processes  capable  of  providing  the  high  level  of 
required  protection  have  been  selected.  Processing  of  the  general  type 
applicable  to  ail  design  configurations  is  presented  below.  Processing  per¬ 
tinent  to  the  particular  configuration  is  then  given  for  each  of  the  three 
recommended  designs. 

6.3. 2.1  General  Processing 

The  following  processing  applicable  to  all  design  configurations  was  selected: 
o  Coat  all  aluminum  parts  located  in  the  bottom  of  the  fuel  tanks  and 
one  inch  up  with  a  second  coat  of  polyurethane  (MIL-C-27725)  con¬ 
taining  a  biocidal  additive. 

o  Seal  all  faying  surfaces,  and  wet-install  all  fasteners  with  a  corrosion- 
inhibitive  sealant  (MIL-S-81 733),  except  stress  wave  rivets, 
o  Post-assembly  fillet  seal  all  joints  forming  fuel  tank  boundaries  and 
brush-overcoat  all  fasteners  penetrating  fuel  tank  boundaries  with  a 
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sealant  (MIL-S-8802). 

o  Overcoat  all  fasteners  on  the  inside  of  the  fuel  tank  area  not  coated 
with  a  sealant  with  polyurethane  (MIL-C-27725). 
o  Overcoat  all  sealant  exposed  to  fuel  with  a  sealant  top  coat 
(MIL-C-83019). 

6.3. 2. 2  Processing:  Weldbond  Configuration 

For  this  configuration,  the  structure  is  to  be  weldbonded  using  epoxy  adhesive. 
Any  voids  are  vacuum  impregnated  with  the  same  adhesive,  then  cured.  The 
weldbonded  assemblies  are  chromic  acid  anodized  and  left  unsealed  to  permit 
metal  bonding  in  the  front  and  rear  beam  spanwise  splice  joints.  The  inter¬ 
mediate  spanwise  splice  joints,  which  are  subsequently  weldbonded  after 
anodizing  of  the  rib  to  cover  subassembly,  are  masked  in  the  weldbonded  areas 
during  the  anodizing  of  that  subassembly.  Independent  development  work  is 
currently  under  way  at  Lockheed  to  explore  methods  of  producing  a  weldbonded 
joint  at  least  equivalent  in  corrosion  resistance  to  the  best  current  state  of  the  art 
metal-bonded  joints.  Further  development  to  achieve  a  production-ready  process 
is  recommended  for  the  follow-on  program.  Should  simpler  processing  procedures 
fall  short  of  the  corrosion  resistance  goal,  reliance  will  be  placed  on  chromic  acid 
anodized  bond  surfaces  with  only  the  spotweld  area  left  bare.  Bare  spotweld 
surfaces  may  be  obtained  either  by  masking  before  anodizing  or  an  automatic  wire 
brushing  operation. 

MIL-C-27725  polyurethane  is  applied  to  all  structure  (including  the  interior 
of  the  square  tube  rib  diagonals)  with  the  exception  of  the  exterior  surface 
skins.  These  surfaces  are  coated  with  applied  epoxy/polyurethane 
(MIL- P- 23377/MI L-C-83286)  system. 

All  sub-structures  assembled  with  mechanical  fasteners  are  sulfuric  acid 
anodized  and  coated  with  MIL-C-27725  polyurethane  prior  to  assembly.  The 
faying  surfaces  of  mechanically  fastened  joints  are  sealed  and  fasteners  sealed 
wet  installed  with  corrosion  inhibiting  sealant. 
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Since  the  inverted  "A"  type  stringers  on  the  lower  surface  will  trap  fuel  and 
water,  provisions  are  made  to  drain  these  locations  through  use  of  suction 
tubes  located  in  each  enclosed  area. 

6. 3. 2. 3  Processing:  Virgin  Plank  Configuration 

For  this  configuration,  the  structural  assembly  technique  permits  detail  pro¬ 
cessing  of  material  components.  Due  to  current  industry  inability  to  reliably 
bond  to  sulfuric  acid  anodized  adherends,  chromic  acid  anodizing  is  used  in 
the  bond  lines  of  the  details  which  make  up  the  bonded/clamped  spanwise  splice. 
The  remaining  areas  of  these  details,  including  all  exterior  surfaces  and  all 
other  detail  components  which  are  mechanically  fastened,  are  sulfuric  acid 
anodized.  In  order  to  eliminate  the  undesirable  double  anodizing  process  re¬ 
quired  in  this  and  other  bonded  configurations,  additional  development  of 
the  parameters  for  structural  adhesive  bonding  to  sulfuric  acid  anodized  ad¬ 
herends  is  necessary. 

MIL-C-27725  polyurethane  is  applied  to  all  structure  prior  to  assembly,  and 
mechanical  fasteners  wet  installed  with  corrosion  inhibiting  sealant.  Joint 
faying  surfaces  are  sealed  with  the  same  sealant  in  all  areas  except  those 
which  are  adhesive  bonded.  Exterior  surfaces  are  painted  with  the  epoxy/ 
polyurethane  (MIL-P-23377/MIL-C-83286)  system. 

6.3. 2. 4  Processing:  Tapered  Shingle  Configuration 

The  conventional  built-up  structure  of  this  configuration  allows  detail  chemical 
processing  entirely.  All  components  are  sulfuric  acid  anodized  and  coated 
with  the  MIL-C-27725  polyurethane  paint  prior  to  assembly.  Joint  faying 
surfaces  are  to  be  sealed  with  corrosion  inhibiting  sealant.  The  stress  wave  rivets 
are  to  be  driven  dry.  Exterior  surfaces  are  to  be  painted  with  the  epoxy/ 
polyurethane  system  (Ml L- P- 23377/MI L-C-83286). 

6.4  JOINING  METHODS 

To  maximize  the  fatigue  strength  of  the  structure,  emphasis  was  placed  on  designs 
which  minimized  surface  penetration  by  mechanical  fasteners.  Consequently, 
several  innovative  design  concepts  were  devised  to  accomplish  this.  Two  examples 
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are  the  bonded-c  lamped  joint  and  the  non-penetrating  clips.  Weldbonding  and 
stress  wave  riveting,both  of  which  provide  potential  fatigue  improvement  through 
reduction  of  effective  K^'s,  are  also  used  for  fatigue  critical  applications. 
HtLOKS  and  aluminum  rivets  are  selected  as  the  mechanical  fastener  system  for 
non-critical  substructure,  A  summary  of  joining  methods  used  in  the  three  recom¬ 
mended  configurations  is  given  in  Table  XIII.  Component  tests  and  initial  manu¬ 
facturing  development  were  accomplished  for  several  of  these  during  Phase  I A  to 
establish  conceptual  feasibility.  Additional  investigation  and  development  of 
some  of  these  systems  must  be  accomplished  during  a  follow-on  program,  These 
are  listed  below. 

o  Weldbonding  -  corrosion  resistance/  improved  fatigue  performance, 
automated  spotwelding  procedures,  and  optimum  adhesives. 

o  Bum-through  welding  -  elimination  of  undesirable  oxides  in  the  weld, 
improved  static  and  fatigue  properties,  and  out-of-chamber  EB  welding 
procedures. 

o  Stress  wave  rivets  -  stress  corrosion  resistance  and  automated  riveting 
procedures. 

o  Bon ded/C lamped  joints  -  static  strength  and  fatigue  allowables,  environ¬ 
mental  protection,  and  optimum  configuration  of  Lockmold  tooling. 

o  Rib  cap  to  surface  attachment  -  static  and  fatigue  allowables  for  "A" 
stringer  and  non -penetrating  clip. 

o  Adhesive  bonding  -  processes  and  allowables  for  bending  to  sulfuric  acid 
anodized  adherends. 

Some  of  these  development  items  are  discussed  in  more  detail  in  Section  9.6. 
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TABLE  XIII 

SUMMARY  -  JOINING  METHODS 
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ACCESS  HOLES  AND  ]  (  NON-STRUCTUEAL  CLAMPED -IN  COVERS  ) 

MISCELLANEOUS  OPEN¬ 
INGS 


SECTION  VII 

STRESS  AND  WEIGHTS  ANALYSIS 


To  establish  the  three  best  designs  from  a  series  of  candidate  configurations,  it  is 
essential  that  the  stress  ond  weights  analyses  be  accurate  and  responsive.  Predicted 
stresses  and  weights  supplied  efficiently  and  clearly  permit  not  only  evaluations 
among  proposed  designs,  but  also  allow  more  design  concepts  and  variations  to  be 
considered.  Effective  use  of  Lockheed-Georgia's  computer  methods  and  facilities 
by  the  stress  and  weights  analysts  working  on  this  ADP  effort  produced  reliable 
results  in  very  short  turn-around  times.  Stresses  {Internal  loads)  for  the  baseline 
and  proposed  designs  were  predicted  by  utilizing  on  automated  combination  of 
computer  graphics,  finite  element  structural  analysis,  and  computer  output  scan 
programs.  Weights  for  the  baseline  and  proposed  designs  were  predicted  from  C-141 
actual  weights  by  comparing  stress  allowables,  materiol  densities,  and  manufacturing 
procedures. 

In  the  following  sections  the  basis,  methods,  and  sample  results  for  the  static  loads 
and  weights  analyses  are  presented. 

7.1  STRESS  ANALYSIS 

All  internal  static  loads  analyses  relied  on  finite  element  methods.  The  facilities 
and  computer  programs,  including  ASOP  (Automated  Structural  ^Qatimization 
Program),  used  to  perform  these  analyses  are  part  of  Lockheed-Georgia's  production 
system.  In  addition  to  standard  batch  processing,  the  system  provides  interactive 
graphics  capabilities.  These  capabilities  were  extensively  used  to  generate  and 
verify  input  sequence  and  to  reduce  and  clarify  analysis  output. 

To  satisfactorily  provide  stress  results  for  design  evaluations,  the  analysts  were 
required  to: 

A.  Construct  a  finite  element  model  which  conformed  to  the  geometric  and 
stiffness  criteria  of  the  proposed  ADP  designs; 

B,  Define  a  set  of  external  static  load  conditions  which  conformed  to  the 
C-141  design  load  conditions; 
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C*  Apply  the  external  load  conditions  to  the  finite  element  model,  compute 
resulting  internal  loads,  and  scan  these  results  to  identify  critical  areas; 
and 

D,  Use  the  computed  internal  loads  acting  on  model  components  (ribs,  cut¬ 
outs,  and  cover  panels)  and  carry  out  structural  optimization  and  margin 
of  safety  analyses* 

The  model  constructed  for  the  updated  baseline  in  Step  A  was  modified  to  achieve 
a  good  wing  cover  thickness  distribution*  Steps  C  and  D  were  then  repeated*  The 
internal  loads  from  this  modified  model  were  used  for  all  the  ADR  designs*  Aspects 
of  the  analysis  sequence  are  discussed  in  the  following  sect  ions* 

7*1  . 1  Stiffness  Criteria  and  External  Loads 

The  ADR  inner  wing  box  configurations  are  designed  to  the  same  static  loads  require¬ 
ments  as  the  baseline  C- 141  structure.  Baseline  bending  and  torsional  stiffnesses 
are  also  maintained  in  ADP  designs  to  ensure  no  degradation  in  airplane  performance. 

The  critical  external  static  load  conditions  were  taken  from  C-14I  loads  and  stress 
analysis  reports.  There  are  fourteen  (14)  critical  conditions,  listed  in  Table  XIV, 
which  envelope  the  Inner  wing  box  structure  by  producing  maximum  internal 
element  loads*  These  load  conditions  have  three  sources; 

o  Original  C-141  design  conditions, 

o  Load  conditions  resulting  from  transporting  the  Minuteman  Missile,  and 
o  Final  loads  developed  from  measured  C-141  flight  test  data* 

Most  of  the  conditions  consist  of  six  component  loads,  i.e*,  P  ,  P  ,  P  ,  M  ,  M  , 

r  x  y  z  x  y 

and  M  given  at  regular  spanwise  intervals  along  the  inner  wing  box.  To  be 
applicable  to  finite  element  analysis  methods,  these  beam  type  loads  were  converted 
to  grid  point  loads  by  a  project  panel  point  loads  computer  program.  All  the 
resulting  grid  loads  conditions  were  found  to  be  balanced. 
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CRITICAL  LOAD  CONDITIONS:  C-141A  INNER  WING 


FUEL 

WEIGHT 

(LB.) 

111,475 

8,  900 

8,900 

31,980 

150,  020 

52, 880 

79,  300 

79, 300 

79,  300 

8,900 

79,300 

111,480 

111,480 

111,480 

MACH 

NO. 

.825 

.410 

.302 

.90 

.2 

0 

.825 

.850 

.825 

.850 

.850 

.850 

.825 

.850 

V 

e 

(KTS) 

355 

183 

200 

390 

0 

0 

355 

364 

364 

392 

364 

392 

369 

378 

GROSS 

WEIGHT 

(LB.) 

316,  100 

213,  520 

213,  520 

236. 600 

284, 640 

257,  500 

300. 600 

300, 600 

300, 600 

230,  198 

300, 600 

316,  100 

316,  100 

316,  100 

zN@°i 

u 

2.5 

2.0 

2.0 

0 

2.0 

1.33 

2.5 

2.498 

2.5 

2.0 

2.0 

2.5 

2.5 

2.0 

EXTERNAL  LOADS  DATA 

DESCRIPTION 

SYM.  MAN.  CLEAN  WING 

SYM.  MAN.  6F  =  45° 

SYM.  MAN.  6F  =  35° 

ABRUPT  MANEUVER 

2.0  G  TAXI 

ANY  JACKING  CONFIG. 

SYM.  MAN.  CLEAN  WING 

SYM.  MAN.  CLEAN  WING 

SYM.  MAN.  CLEAN  WING 

POS.  ACCEL.  ROLL  (CLEAN) 

POS.  ACCEL.  ROLL  (CLEAN) 

SYM.  MAN.  (CLEAN) 

SYM.  MAN.  (CLEAN) 

NEG.  CHECKED  ROLL  (CLEAN) 

CASE 

NUMBER 

3MWM15 

3MFI04 

MT0026 

CASE  5 

IMW992 

WING  JACK 

MIPM33 

MIPM35 

MST032 

MIARI6R 

MIAR39R 

MPC323 

MPC324 

RPC305 

STRESS 

CONDITION 

NUMBER 

3NPM15* 

3MF104 

MT0026 

IAM352* 

1  MW 992* 

JACK.* 

MIPM33 

MIPM35 

MST032* 

MIRI6R 

MIR39R 

MPC323 

MPC324 

RPC305* 
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THE  C— 141  WING  WAS  STATICALLY  TESTED  TO  ULTIMATE  LOADS  FOR  THESE  CONDITIONS 


7»1  ,2  Internal  Loads  Analysis 

The  original  C-141  wing  internal  loads  were  computed  by  the  unit  beam  method* 

This  method  is  essentially  a  computerized  engineering  beam  theory  analysis  which 
uses  modified  areas  to  account  for  sweep  effects.  Internal  loads  for  the  stress 
analyses  of  the  ADP  designs  were  predicted  by  finite  element  methods. 

Lockheed-Georgia's  general  finite  element  structural  analysis  and  matrix  extraction 
system  of  computer  programs ,  FAMAS,  and  the  computer  graphics  facilities  were 
used  to  construct  and  analyze  the  three-dimensional  model  of  the  ADP  inner  wing 
box , 

A  computer  graphics  display  and  plot  of  the  basic  model  is  shown  on  Figure  4 2. 

This  plot  is  representative  of  the  interactive  computer  graphics  applications  which 
permitted  1)  visual  identification  of  model  geometry  and  property  errors  and  2) 
immediate  correction  of  these  errors  on  the  model's  permanent  data  files*  Thus, 
erroneous  analyses  were  entirely  eliminated,  and  turn-around  times  were  reduced 
since  use  of  data  handling  personnel  -  keypunch  and  program  set-up  -  was  minimized* 

As  shown  in  Table  XV,  the  basic  model  consists  of  328  nodes,  1230  structural 
elements,  and  has  940  degrees  of  freedom.  It  includes  a  representation  of  all  wing 
box  structure  from  the  centerline  of  the  fuselage  to  1 13  inches  outboard  of  the  end 
of  the  inner  wing  box*  This  basic  model  was  analyzed  by  FAMAS  Program  97  -  a 
large  order  displacement  method  program.  The  chordwise  and  spanwise  stress 
distributions  obtained  from  the  "FAMAS"  analysis  (based  on  the  baseline  box  element 
areas)  compared  quite  well  with  those  of  the  unit  beam  analyses  for  these  same  load 
conditions.  This  comparison  supplied  confidence  in  the  grid  loads  conditions  and 
the  finite  element  model  description, 

Chordwise  optimization  of  surface  panel  material  distribution  was  accomplished 
through  a  modification  of  the  basic  model.  In  essence  this  second  analysis  optimized 
the  distribution  of  the  bending  areas  in  the  chordwise  box  cross-section  to  maximize 
box  stiffness  and  minimize  the  chordwise  variation  In  margins  of  safety  from  the 
front  to  the  rear  spar.  Extreme  care  was  taken  to  ensure  gradual  tapering  of  the 
spanwise  elements  to  prevent  erratic  changes  in  end  loads  with  the  resulting  large 
shears  and  element  stresses.  The  internal  loads  resulting  from  this  modified  model 
were  used  for  all  the  subsequent  ADP  designs* 
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FIGURE  42  FINITE  ELEMENT  MODEL:  CARGO/TANKER 


TABLE  XV 


FAMAS  FINITE  ELEMENT  MODEL  DESCRIPTION 
(328  NODES,  940  DEGREES  OF  FREEDOM) 


GROUP 

ELEMENT 

TYPE 

NUMBER 

STRINGERS 

AXIALS 

291 

RIB  CAPS 

AXIALS 

293 

STIFFENERS 

AXIALS 

199 

SPAR  WEBS 

QUAD  SHEAR 

PANELS  &  TRIANGULAR 
MEMBRANES 

37 

RIB  WEBS 

QUAD  SHEAR 

PANELS  &  TRIANGULAR 
MEMBRANES 

152 

COVERS 

QUAD  SHEAR 

PANELS  &  TRIANGULAR 
MEMBRANES 

258 

TOTAL 

1230 
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7.1,3  Structural  Optimization 


Structural  optimization  analyses  were  conducted  throughout  the  design  phase  for  all 
of  the  most  promising  design  configurations.  These  analyses  not  only  considered 
design  loadings,  but  also  practical  geometric  limitations  such  as  constant  stringer 
heights  and  minimum  skin  gages.  Loads  for  the  optimization  studies  were  taken 
from  the  internal  loads  analysis  of  the  basic  three  dimensional  model.  For  structure 
non-critical  in  compression,  optimization  analyses  determined  stringer  pitch, 
stringer  height,  area  distribution  between  skin  and  stringer,  and  other  variables 
significant  in  minimizing  cost  as  well  as  weight. 

ASOP  (Automated  Structural  Optimization  Program) was  used  for  the  detail  analysis 
of  the  structure  surrounding  the  nonstructura I  access  doors  of  the  upper  surface. 
"FAMAS"  internal  loads  were  used  to  load  the  boundary  nodes  of  the  ASOP  finite 
element  model.  Figure  43  shows  a  typical  region  of  structure  and  the  detail 
modeling  in  ASOP  to  optimize  cover  material  around  and  immediately  adjacent 
to  an  upper  surface  cutout.  Some  170  nodes  (Reference  Table  XVI),  240  axial 
elements,  138  triangular  membranes,  and  70  quadrilateral  membranes  define 
structural  members  to  the  detail  required  for  accurate  determination  of  stresses 
around  the  cutout.  This  made  possible  precise  tailoring  of  material  requirements, 
particularly  those  resulting  from  fatigue. 

Ribs  were  optimized  by  using  a  two-dimensional  graphics  finite  element  analysis. 
Figures  44  and  45  present  results  from  a  typical  rib  analysis.  Figure  44  shows 
rib  scale  geometry,  element  axial  loads,  and  bending  moments.  Figure  45  pre¬ 
sents  the  internal  loads  in  a  typical  rib  element  as  welf  as  the  rib  element  flange 
stresses  and  shear  flows.  The  graphical  displays  permit  rapid  changes  in  config¬ 
uration,  loads,  and  stress  sizing.  Computations  are  performed  in  real  time  and 
the  results  are  displayed  immediately.  After  the  analysis  is  completed,  a 
printed  copy  is  obtainable. 

The  optimization  of  the  cover  panels  is  interrelated  to  the  FAMAS  analysis.  An 
optimized  element  was  required  to  not  only  withstand  a  certain  load  level  but  to 
do  so  at  a  stress  level  compatible  with  the  FAMAS  analysis*  This  relationship  was 
maintained  for  all  configurations.  Table  XVII  summarizes  the  design  compression 
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FIGURE  43  DETAIL  CUTOUT  ANALYSIS  MODEL  GEOMETRY 


TABLE  XVI 


DESCRIPTION  OF  ASOP  MODEL  OF  TYPICAL  ACCESS  DOOR 

(170  NODES) 


ELEMENT 

TYPE  NUMBER 

AXIAL  ELEMENTS  240 

TRIANGULAR  ELEMENTS  138 

QUADRILATERAL  MEMBRANES  70 

TOTAL  455 
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AXIAL  LOAOS 


FIGURE  44  TYPICAL  RIB  GEOMETRY  AND  INTERNAL  LOADS 


ELEMENT  NO- 
LD.  CASE  NO 


10 

1 


V  = 
P  = 
M  = 


X10 


AREA  * 
CU 

H  « 

I 


-466.4 
1 .4736*04 
3141  . 


571  .6 
1 .5264*04 
-4315. 


0.6400 
1  .350 
2.700 
0.6300 


AREA  > 
CU 
H 
I 


0.6400 
1  .350 
2.700 

0.6300 


SHEAR  FLOW  .  V/H 


FIGURE  45  TYPICAL  RIB  ELEMENT  INTERNAL  LOADS  AND  STRESSES 
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TABLE  XVII 


SURFACE  COMPRESSION  LOADS 


N  (KIPS/INCH):  ULTIMATE 

x 


LOW 

HIGH 

MEAN 

UPPER  SURFACE 

IWBRS  51 

10 

15 

14 

IWBRS  330 

12 

15 

14 

LOWER  SURFACE 

IWBRS  51 

9 

12 

11 

IWBRS  330 

8 

11 

10 
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load  intensities  obtained  from  the  internal  loads.  The  range  of  ultimate  compres¬ 
sion  loads  across  the  chord  in  KIPS/inch  are  shown  at  two  representative  stations 
for  both  upper  and  lower  surfaces.  It  is  seen  that  design  compression  load  intensi¬ 
ties  do  not  vary  much  in  the  spanwise  direction  for  either  surface.  In  fact,  there 
is  more  variation  in  the  chordwise  direction  at  any  given  station.  This  table  also 
shows  that  downbending  values  are  approximately  70%  of  the  corresponding 
upbending  values.  Shears  are  in  the  2000-3000  pound/inch  range. 

A  series  of  stringer/ pane  I  optimization  computer  programs  tailored  to  consider 
weldbond  hats,  "A"  section  extrusions,  and  unflanged  stiffened  skins  were  used  to 
do  the  cover  optimizations.  Figure  7  presents  typical  results  of  cover  design  optimi¬ 
zation.  The  curves  represent  different  materials  and  configurations  including 
several  types  of  pi  ate/ stringer  configurations  as  well  as  integrally  stiffened  and 
sandwich  designs.  The  ordinate  of  the  curves  is  equivalent  thickness,  T-Bar, 
which  includes  all  surface  structure  (stringers  as  well  as  skin).  The  abscissa  is 
compression  loading  in  kips  per  inch.  These  curves  include  the  effects  of 
representative  shear  and  pressure  loadings,  as  indicated  in  the  upper  portion  of  the 
graph,  as  well  as  some  practical  design  limitations. 

7.1.4  Stress  Analysis  Summary 

Stress  analyses  were  performed  for  all  candidate  configurations.  Structure  components 
were  sized  to  develop  the  same  allowable  loads  as  the  baseline  while  not  exceeding 
the  allowable  stresses  governed  by  either  the  static  strength  or  the  fatigue  and 
damage  tolerance  thresholds.  With  the  exception  of  the  upper  surface  for  the 
Weldbond,  Monolithic  and  Tapered  Shingles  configurations,  all  cover  structure  is 
critical  for  either  fatigue  or  damage  tolerance  requirements.  Both  surfaces  of  the 
Hat  Stringer  configuration,  the  lower  surface  of  the  Monolithic  configuration, 
and  the  inboard  portion  of  the  lower  surface  of  the  Weldbond  configuration  are 
fatigue  critical  while  the  remainder  of  the  cover  configurations  are  critical  for 
damage  tolerance.  All  chordwise  joints  are  fatigue  criticol. 
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Relative  to  the  exception  noted  above,  the  upper  covers  of  the  Weldbond  and 
Monolithic  configurations  are  compression  critical.  This  results  from  the 
lower  compression  capability  of  the  "A"  stringer  of  the  Weldbond  configuration 
and  the  lower  strength  of  the  2219  aluminum  material  for  the  Monolithic 
configuration.  The  Weldbond  configuration  which  is  one  of  the  recommended 
designs  has  a  slight  weight  penalty  in  the  upper  cover.  However,  this  penalty 
is  offset  by  the  elimination  of  the  shear  clips  which  attach  the  rib  caps  to  the 
surfaces. 

The  Tapered  Shingle  configuration  utilized  single  riser  net  extruded  panels  tapered 
such  that  no  risers  run  out  along  the  front  spar.  This  taper  is  obtained  by  routing 
the  skin  flange,  a  much  less  costly  process  than  machining  the  entire  extrusion. 
Utilization  of  tapered  net  extrusions  results  in  a  steadily  increasing  T-bar  thick¬ 
ness  in  the  spanwise  direction  as  the  risers  converge.  This  results  in  final  T-bar 
thicknesses  greater  than  those  required  for  structural  requirements.  This  weight 
penalty  is  accepted,  however,  in  order  to  gain  the  large  cost  savings  from  use 
of  the  net  extrusion.  Consequently,  in  this  design,  the  root  stresses  are  governed 
by  fracture,  but  the  remainder  of  the  span  is  credited  to  cost  -controlled  design. 

For  the  upper  surface,  the  weight  penalty  is  220  pounds.  On  the  lower  surface,  the 
compression  load  intensity  is  sufficiently  low  to  allow  both  a  thin  and  a  thick 
skin  dimension  in  the  panel.  By  routing  the  thick  dimension  to  obtain  the 
spanwise  taper,  the  increase  in  T-bar  is  minimized  such  that  the  excess  weight 
in  the  lower  surface  is  insignificant. 

The  Weldbond,  Virgin  Plank  and  Tapered  Shingle  configurations  are  the 
designs  recommended  for  further  study  during  the  follow-on  program. 

Figure  46  presents  a  pictorial  view  of  the  surface  for  these  designs.  From 
these,  it  can  be  readily  seen  which  structure  of  the  upper  and  lower  surfaces 
is  critical  for  compression,  fatigue,  fracture,  and  cost  design. 
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FIGURE  46  GOVERNING  DESIGN  CRITERIA 


Maximum  spanwise  stress  levels  for  the  baseline  update  and  the  three  recommended 
configurations  are  given  in  Figures  47,  48,  49,  and  50.  For  each  configuration, 
the  actual  tension  and  compression  stresses  are  given.  For  comparison  purposes, 
the  fatigue  and  damage  tolerance  threshold  stresses  as  well  as  the  compression 
allowable  stresses  are  presented.  By  comparing  these  curves,  the  relative 
criticality  of  each  allowable  can  be  visualized  for  each  configuration.  Figure 
51  presents  a  typical  chord-wise  stress  distribution  at  Sta.  168.2  which  in¬ 
dicates  the  variation  of  stress  between  the  front  and  rear  beam.  Figures 52, 

53,  and  54  give  the  T-bar  distribution  of  the  cover  material  for  each  con¬ 
figuration  which  is  compatible  with  the  stress  levels  previously  given. 
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FIGURE  47  SPANWISE  STRESS  LEVELS  -  BASELINE  UPDATE 
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FIGURE  48  SPANWISE  STRESS  LEVELS  -  WELDBOND  CONFIGURATION 
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FIGURE  49  SPANWISE  STRESS  LEVELS  -  VIRGIN  PLANK  CONFIGURATION 
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FIGURE  50  SPANWISE  STRESS  LEVELS  -  TAPERED  SHINGLE  CONFIGURATION 
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FIGURE  51  TYPICAL  CHORDWISE  STRESS  DISTRIBUTION 
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FIGURE  52  SURFACE  T-BAR  DISTRIBUTION  -  WELDBOND  CONFIGURATION 
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FIGURE  53  SURFACE  T-BAR  DISTRIBUTION  -  VIRGIN  PLANK  CONFIGURATION 
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FIGURE  54  SURFACE  T-BAR  DISTRIBUTION  -  TAPERED  SHINGLE  CONFIGURATION 


7.2  WEIGHT  ANALYSIS 


The  weights  predicted  for  the  updated  baseline  and  ADP  configurations  were 
based  on  C-141  actual  weights.  For  those  configurations  which  closely 
resemble  the  C-141  construction,  he,  integral  stiffener  or  skin/strlnger 
construction,  C-141  known  weight  factors  provided  a  very  reliable  method  of 
prediction.  For  the  composite  and  honeycomb  designs,  weight  factors  experi¬ 
enced  for  similar  construction  on  prior  programs  were  used, 

7*2*1  Updated  Baseline  Weights 

For  convenience  and  efficiency,  the  wing  box  was  subdivided  into  several 
spanwise  segments  which  coincided  with  the  FAMAS  finite  element  model. 

The  weight  of  each  segment  was  calculated  by  multiplying  the  C-141  actual 
weight  by  the  ratio  of  updated  tension  allowables  (governed  by  fatigue  and 
fracture  criteria)  to  the  tension  allowables  taken  from  OI4I  stress  reports. 
Weight  differences  which  resulted  because  of  material  changes  were  cal¬ 
culated  by  the  ratio  of  appropriate  material  allowables. 

7*2*2  ADP  Configuration  Weights 

To  predict  weights  for  the  ADP  designs  it  was  necessary  to  calculate  non- 
optimum  factors.  These  were  found  by  taking  the  required  stress  areas  from 
C-141  stress  reports  and  integrating  them  over  each  segment  to  find  optimum 
weights.  The  ratio  of  C-141  actual  weights  to  these  optimum  weights  ore  non¬ 
optimum  factors.  These  factors  account  for  machine  tolerances,  splice  and 
hole  beef-ups,  and  other  miscellaneous  manufacturing  characteristics.  Since 
most  ADP  configurations  were  similar  to  the  baseline  (integral  or  skin-stringer 
aluminum)  these  factors  were  applied  to  the  optimum  weights*  Additional 
non -optimum  factors  (10%)  were  applied  to  Ti -graphite  configurations  to 
account  for  residual  stresses.  The  honeycomb  configuration  had  an  additional 
25%  non-optimum  added  factor  to  account  for  doublers,  edge  members, 
potting  around  holes  and  core  stabilization.  Beam  caps  were  analyzed  with  the 
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covers  as  beading  material .  Beam  webs  and  ribs  were  done  in  a  similar  manner  by 
comparing  C-141  actual  weights  and  t-bars  with  optimized  ADP  t-bars. 

7,2.3  Weight  Results 

Weights  for  all  ADP  configurations  are  given  in  Table  XVIII.  Weights  for  the  rec¬ 
ommended  designs  are  detailed  by  component  in  Table  XIX.  Bar  charts  of  weight 
ratios  as  compared  to  the  baseline  update  are  given  in  Figure  55  for  ease  of  visual 
comparison  of  weights  for  all  configurations.  The  weight  effects  of  advanced  tech¬ 
nology  for  the  three  recommended  designs  are  illustrated  in  Figures  56  through  58  . 
For  example.  Figure  56  shows  the  effects  on  the  Weldbond  design.  Changing  the 
material  only  from  7050-T76  to  7075-T76  increases  the  weight  of  this  design  233 
pounds.  Also,  the  elimination  of  the  other  advanced  technology  concepts  further 
increases  the  weight  by  1197  pounds.  Conversely,  the  changing  of  the  baseline 
material  to  7050-T76  material, while  maintaining  all  baseline  concepts,  reduces 
the  weight  273  pounds.  Also,  the  incorporation  of  the  advanced  concepts  reduces 
the  weight  1157  pounds.  The  similar  effects  for  the  Virgin  Plank  and  Tapered 
Shingle  designs  ore  shown  in  Figures  57  and  58  .  Typical  main  drivers  of  weight 
reduction  are  shown  in  Figures  59  through  61  .  On  the  Weldbond  design  (Figure 
59  ),  for  example,  the  use  of  weldbond,  the  "A"  section  stringer  with  the  re¬ 
sulting  elimination  of  the  shear  clips,  and  the  advanced  aluminum  alloys  reduces 
the  weight  from  4532  pounds  to  4093  pounds.  A  prime  contributing  factor  in  this 
design  is  the  reduction  of  K ^  from  3.42  to  3.25  with  a  corresponding  Increase  in 
allowable  tension  stresses  from  38  KSI  to  39.5  KSI.  Typical  values  for  the  other 
ADP  designs  are  given  in  Figures  60  and  61  . 
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WEIGHT  SUMMARY 
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WEIGHT  BREAKDOWN  -  ADP  DESIGNS 
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FIGURE  55  WEIGHT-RATIO  COMPARISON  OF  CONFIGURATIONS 


'A'  STRINGER  WELDBOND  DESIGN 


FLIGHT  HOURS 


FIGURE  56  WEIGHT  EFFECTS  OF  ADVANCED  TECHNOLOGY  - 
'A'  STRINGER  WELDBOND  DESIGN 
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VIRGIN  PLANK  DESIGN 


WEIGHTS 
X  10" 2  LBS 


FIGURE  57  WEIGHT  EFFECTS  OF  ADVANCED  TECHNOLOGY  - 
VIRGIN  PLANK  DESIGN 
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TAPERED  SHINGLE  DESIGN 


FIGURE  58  WEIGHT  EFFECTS  OF  ADVANCED  TECHNOLOGY  - 
TAPERED  SHINGLE  DESIGN 
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BASELINE  UPDATE  'A1  STRINGER 

WELDBOND  DESIGN 
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FIGURE  59  WEIGHT  COMPARISON  -  'A1  STRINGER  WELDBOND  DESIGN 
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TAPERED  SHINGLE  DESIGN 
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FIGURE  61  WEIGHT  COMPARISON  -  TAPERED  SHINGLE  DESIGN 


SECTION  VIII 


FATIGUE  AND  DAMAGE  TOLERANCE  ANALYSIS 

The  broad  range  of  requirements  and  interactions  which  make  up  the  ADP  design  and 
analysis  approach  are  depicted  on  Figure  4,  The  repeated  loads  aspects  of  the  cri¬ 
teria  form  a  very  significant  feoture  of  the  general  design  approach,  particularly  In 
this  program  where  an  extremely  long  service  life  requirement  is  specified.  Con¬ 
sidering  the  addition  of  damage  tolerance  requirements  to  the  design  iteration  cycle, 
the  significance  of  the  repeated  loads  effects  reaches  an  even  higher  level  of  Im¬ 
portance.  The  impact  of  these  expanded  requirements  must  be  moderated  through 
technological  advances  in  the  fields  of  materials  development,  structural  analysis, 
and  general  as  well  as  detail  design.  To  develop  a  structure  which  is  efficient  and 
in  compliance  with  the  ADP  fatigue  and  damage  tolerance  criteria,  these  fields  were 
systematically  addressed  In  various  design  concepts  by  way  of  materials  selection  and 
analytical  establishment  of  allowable  design  stress  levels.  Development  of  innovative 
structural  arrangements,  which  improved  the  quality  of  the  detail  design,  permitted  a 
substantial  exploitation  of  the  basic  strength  properties  of  the  materials  chosen.  The 
analyses  performed  In  support  of  this  phase  of  the  program  are  discussed  below. 

8.  T  FATIGUE  ANALYSIS 
8.1.)  Fatigue  Criteria  and  Loads 

The  fatigue  analyses  in  the  Phase  IA  program  were  based  on  loads  corresponding  to 
the  test  load  spectrum  applied  to  the  C-141  wing-fuselage  airplane  fatigue  specimen. 
This  spectrum  was  modified  based  on  operational  airplane  tracking  data  to  include 
8187  full -stop  landings  and  5595  touch-and-go  landings  within  30,000  flight  hours. 

In  addition,  a  log  overage  peak-to-peak  ground-air-ground  eye le  was  used  in  the 
analysis. 

All  fatigue  analyses  related  to  updating  the  baseline  structure  to  1972  technology  were 
based  on  a  safe-life  requirement  of  30,000  flight  hours.  ADP  design  concepts  were 
developed  for  twice  the  baseline  requirement,  that  Is,  60,000  flight  hours.  A  scatter 
factor  of  4  was  applied  to  the  design  safe  life  in  the  fatigue  analyses  of  all  structures. 
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8.  1 , 2  Fatigue  Analysis  Approach 

The  fatigue  analysis  computer  programs  used  in  the  ADP  study  are  suitable  for  pro¬ 
viding  the  necessary  design  support  for  major  airplane  development  programs.  These 
programs  can  generate  complex  spectra  from  mission  profiles,  basic  ioads  data,  and 
airplane  utilization  rates  for  purposes  of  detail  fatigue  analyses  and  for  establishing 
fatigue  test  requirements.  Additionally,  a  broad  range  of  output  options  permit  close 
evaluations  of  the  major  sources  of  fatigue  damage.  One  option,  for  example,  indi¬ 
cates  damage  per  mission  as  a  percent  of  the  total  fatigue  damage  caused  by  each 
of  the  missions  considered  in  the  analysis,  including  the  mission  utilization  function* 

A  second  option  allows  utilization  rates  to  be  varied  to  study  the  effects  of  a  different 
mission  mix,  or  to  evaluate  more  closely  the  predicted  fatigue  response  of  the  structure 
as  a  function  of  different  using  commands.  Damage  by  source  provides  a  further 
breakdown  of  fatigue  damage  contribution  on  the  basis  of  elements  of  each  mission 
in  the  life  of  the  structure*  Fatigue  damage  contribution  due  to  gust,  taxi,  ground- 
air-ground  cycle,  etc.,  can  be  simply  addressed  within  this  option* 

Special  computing  capabilities  are  also  available  that  are  particularly  suited  to 
preliminary  design  efforts.  Initial  analyses  can  be  conducted  in  parametric  form 
where,  for  a  particular  material  and  load  spectrum,  a  relationship  can  be  established 
between  predicted  time  to  crack  initiation,  quality  of  detail  design,  and  design 
stress  level.  Such  parametric  analysis  results  provide  an  excellent  basis  for  trade 
studies  in  which  a  variety  of  design  concepts  can  be  assessed.  For  example,  Figure 
62  shows  results  obtained  for  the  upper  wing  surface  at  W.S,  77*7*  The  data  include 
a  generalized  analysis  as  well  as  specific  results  for  the  spanwise  splice  arrangement 
in  the  Virgin  Plank  configuration.  In  addition,  results  are  shown  for  the  spanwise 
splice  arrangement  of  the  updated  baseline.  Some  interesting  points  can  be  observed 
from  these  data  concerning  design  criteria,  structural  concepts  and  materials  selection. 
For  example,  the  fatigue  allowable  design  tension  stress  in  the  upper  surface  wing 
root  area  for  the  proposed  baseline  update  and  the  Virgin  Plank  configuration  is 
39*4  K SI  and  44.2  K5I,  respectively.  These  allowable  stresses  were  based  on  an 
effective  stress  concentration  factor  of  3,42  and  a  safe  life  of  30,000  Flight  hours 
for  the  baseline  update,  and  an  effective  stress  concentration  factor  of  2.55  with 
a  safe  life  requirement  of  60,000  flight  hours  for  the  Virgin  Plank  design.  From  the 
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FIGURE  62  PARAMETRIC  WING  SURFACE  FATIGUE  ANALYSIS 


figure  it-  con  be  seen  that  if  the  material  selection  for  the  baseline  update  was  not 
limited  to  1972  technology,  the  fatigue  allowable  design  stress  could  be  increased 
from  the  specified  39.4  KSI  to  43.4  KSI  by  simply  fabricating  the  structure  from 
7050-T76511  aluminum.  If  the  detail  design  improvement  of  the  Virgin  Plank  design 
Is  incorporated  along  with  the  new  material,  the  fatigue  allowable  design  stress  con 
be  further  increased  to  52. 1  KSI.  It  can  also  be  observed  that,  if  the  detail  design 
of  the  updated  baseline  were  retained  in  the  Virgin  Plank  structure,  the  fatigue 
allowable  design  stress  would  be  reduced  from  the  specified  44.2  KSI  to  36.6  KSI. 
The  most  important  general  conclusion  to  be  drawn  from  Figure  62  Is  the  relative 
contribution  of  design  stress  level  and  quality  of  detail  design  to  the  achievement 
of  superior  fatigue  performance. 

8.1,3  Fatigue  Analysis  Results 

The  information  required  for  fatigue  design  control  was  developed  from  fatigue  anal¬ 
ysis  data  similar  to  that  discussed  above.  Referring  to  Figure  62,  it  can  be  seen  that 
a  cross-plot  of  the  general  data  at  a  plane  corresponding  to  the  design  life  specified 
in  the  criteria  will  provide  the  relationship  between  design  stress  level  and  effective 
stress  concentration  factor  for  the  particular  life  requirement.  Results  of  this  type 
were  developed  for  the  upper  and  lower  wing  surfaces  at  3  stations  of  the  inner  wing 
box.  Stations  selected  include  the  inboard  and  outboard  chordwise  splice  areas  and 
the  inboard  pylon  rib  station.  Figures  63  through  74  show  basic  analysis  data  for  all 
wing  cover  materials  used  in  the  baseline  update  and  proposed  ADP  designs.  Con¬ 
figurations  are  listed  on  the  figures  for  reference  purposes.  The  chordwise  splice 
plates  were  made  from  plate  stock  and  were  assessed  on  the  basis  of  the  data  shown 
in  Figures  75  through  78.  In  addition,  data  were  developed  for  the  fatigue  analysis 
of  the  various  spar  concepts.  The  primary  area  of  concern  in  this  case  was  the  web- 
cap  splice  arrangement.  Figures  79,  80  and  81  show  the  general  analysis  data  for 
the  Weldbond  configuration.  Other  spar  design  concepts  were  assessed  on  the  basis 
of  the  appropriate  wing  cover  data. 

The  general  fatigue  analysis  data  were  used  in  preliminary  design  to  establish  the 
allowable  design  stresses  for  selected  alternative  structural  arrangements.  In  each 
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FIGURE  63  WING  SURFACE  FATIGUE  ANALYSIS  FIGURE  64  WING  SURFACE  FATIGUE  ANALYSIS 

BUILT-UP  STRUCTURE  S-N  DATA  BUILT-UP  STRUCTURE  S-N  DATA 

7075-T7651 1  EXTRUSION  7075-T76511  EXTRUSION 

W.S.  77.7  W.S.  285.3 
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FIGURE  65  WING  SURFACE  FATIGUE  ANALYSIS  FIGURE  66  WING  SURFACE  FATIGUE  ANALYSIS 

BUILT-UP  STRUCTURE  S-N  DATA  COUPON  S-N  DATA 

7075-T7651 1  EXTRUSION  7050-T76511  EXTRUSION 

W.S.  415.4  W.S.77.7 
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FIGURE  67  WING  SURFACE  FATIGUE  ANALYSIS  FIGURE  68  WING  SURFACE  FATIGUE  ANALYSIS 

COUPON  S-N  DATA  COUPON  S-N  DATA 

7050-T765 1 1  EXTRUSION  7050-T76511  EXTRUSION 

W.S.  285.3  W.S.  415.4 
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FIGURE  69  WING  SURFACE  FATIGUE  ANALYSIS  FIGURE  70  WING  SURFACE  FATIGUE  ANALYSIS 

BUILT-UP  STRUCTURE  S-N  DATA  BUILT-UP  STRUCTURE  S-N  DATA 

7475-T76  SHEET  7475-176  SHEET 

W.S.  77.7  W.S.  285.3 
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FIGURE  77  WING  SURFACE  FATIGUE  ANALYSIS  FIGURE  78  WING  SURFACE  FATIGUE  ANALYSIS 

BUILT-UP  STRUCTURE  S-N  DATA  BUILT-UP  STRUCTURE  S-N  DATA 

7050-T7651  PLATE  7050-T7651  PLATE 

w-s-  77:1  W.S.  415.4 
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FIGURE  79  WING  SPAR  FATIGUE  ANALYSIS  FIGURE  80  WING  SPAR  FATIGUE  ANALYSIS 

COUPON  S-N  DATA  COUPON  S-N  DATA 

2219-T87  SHEET  2219-T87  SHEET 

W.s.  77.7  W.S.  285.3 
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FIGURE  81  WING  SPAR  FATIGUE  ANALYSIS 
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case  the  proposed  structural  arrangement  was  assessed  in  terms  of  a  quality  index  or 
effective  stress  concentration  factor-  Figure  82  presents  a  summary  of  the  stress  con¬ 
centration  factors  corresponding  to  the  detail  design  found  in  the  proposed  structural 
concepts-  Two  values  of  stress  concentration  are  shown:  basic  values  correspond  in 
general  to  the  simple  geometric  stress  concentration  factor  whereas  the  design  value 
includes  the  influence  of  load  transfer,  hole  preparation,  fastener  fit,  etc.  The 
allowable  fatigue  design  stresses  were  determined  by  entering  the  general  fatigue 
analysis  curves  with  the  appropriate  value  of  effective  stress  concentration.  Table  XX 
presents  a  summary  of  the  more  significant  design  stress  control  results  derived  in 
this  manner. 

8.2  DAMAGE  TOLERANCE  ANALYSIS 
8.2.1  Damage  Tolerance  Criteria  and  Loads 

The  criteria  for  the  Cargo/Tanker  ADP  program  establishes  safe  crack  growth  and 
residual  strength  requirement  for  3  basic  approaches  to  the  design  of  damage  tolerance 
in  aircraft  structures.  One  approach,  the  slow  crack  growth  concept,  applies 
to  structure  where  flaws  or  defects  are  not  permitted  to  attain  the  critical  size  required 
for  unstable  crack  propagation.  The  other  2  approaches  apply  to  fail-safe  design  con¬ 
cepts  where  the  structure  is  designed  and  fabricated  with  the  capability  to  arrest  un¬ 
stable  crack  propagation.  In  all  cases,  the  assumed  damage  and  damage  growth 
limits  are  specified  as  a  function  of  the  design  approach  and  the  degree  of  structural 
inspectability.  Compliance  with  the  criteria  requires  that  the  strength  and  safety 
of  the  remaining  structure  not  be  degraded  below  a  specified  level  for  a  given  period 
of  unrepaired  service  usage. 

The  repeated  loads  used  in  the  damage  tolerance  analysis  were  the  same  as  those 
considered  in  the  fatigue  analysts.  However,  since  crack  growth  analyses  are  in¬ 
fluenced  by  the  ordering  or  sequence  of  loading,  the  fatigue  load  spectrum  was 
converted  to  an  average  spectrum  by  factoring  the  number  of  cycles  at  each  load 
level  occurring  in  }  lifetime  by  the  number  of  fulhstop  landings  in  1  lifetime.  The 
resulting  average  mission  load  spectrum  was  used  to  conduct  analyses  and  tests  based 
on  a  fl ight-by-flight  loading  concept. 
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FIGURE  82  FATIGUE  ANALYSIS  STRESS  CONCENTRATION  FACTORS 


TABLE  XX 


WING  SURFACE  FATIGUE  ANALYSIS 
SUMMARY  -  ALLOWABLE  DESIGN  TENSION  STRESS 


DESIGN  TENSION  STRESS  (KSl) 

COMPONENT 

W.S. 

BASELINE 

UPDATE 

WELD 

BOND 

VIRGIN 

PLANK 

TAPERED 

SHINGLE 

UPPER  SURFACE 

77.7 

59-4 

39.9 

44-2 

43 .2 

285.6 

38.7 

40.5 

415.4 

57-4 

48.0 

44-0 

39.1 

LOWER  SURFACE 

77-7 

47-7 

52.6 

51.1 

50.0 

285.6 

55-4 

52.5 

415.4 

49.0 

60.0 

52.1 

51.0 

CHORDWISE  SPLICE 

UPPER  SURFACE 

77.7 

55.6 

30.6 

30.6 

30.6 

LOWER  SURFACE 

77.7 

40.5 

34.5 

34.5 

34-5 

UPPER  SURFACE 

415-4 

39.0 

35-6 

35-8 

55.8 

LOWER  SURFACE 

415.4 

47-6 

42.2 

42.2 

42.2 
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The  i nspec tions  ond  inspection  frequency  data  used  in  the  domage  tolerance  analyses 
are  listed  in  Table  XXI,  C— 141  airplane  inspections  performed  on  operational  air— 
planes  are  listed  along  with  the  corresponding  ADP  design  criteria  inspections.  It 
should  be  observed  that  not  all  of  the  operational  airplane  service  inspections  were 
used  in  the  damage  tolerance  analyses.  Residual  strength  load  requirements,  which 
are  a  function  of  inspection  periods,  are  also  shown  In  the  table.  The  loads  are 
based  on  average  load  exceedance  data  and  correspond  to  the  maximum  load  that 
could  occur  once  in  100  times  the  applicable  inspection  interval.  Fail  safe  struc¬ 
tures  must  sustain  the  residual  strength  load  with  a  1 . 15  dynamic  factor  at  the  time 
of  load  path  failure. 

8.2.2  Damage  Tolerance  Analysis  Approac h 

Damage  tolerance  analyses  were  performed  using  a  Lockheed-developed  computer 
program  entitled  "CRACK  GROWTH/GELAC. "  This  computer  program  provides  the 
capability  for  determining  crack  growth  as  a  function  of  operational  load  experience. 
Flight-by-flight  loads  based  on  the  average  mission  spectrum  were  used  in  the  ADP 
program  analyses. 

Allowable  design  tension  stresses  in  compliance  with  the  damage  tolerance  criteria 
were  established  through  detail  analyses  of  the  crack  growth  behavior  in  design  con¬ 
cepts  under  consideration.  Figure  83  shows  results  for  the  growth  behavior  of  a  sur¬ 
face-flaw  initiated  crack.  A  range  of  stress-load  ratios  were  applied  to  the  load 
spectrum  to  determine  the  behavior  as  a  function  of  design  stress  level.  In  each  case, 
the  growth  curve  was  developed  to  the  point  where  the  critical  crack  length  was 
reached  at  a  loading  condition  which  occurred  In  the  succeeding  flight.  The  number 
of  flights  required  to  reach  this  point  is  referred  to  as  the  safe  crack  growth  period 
for  a  given  design  stress.  Other  initial  assumed  flaw  sizes  and  shapes  specified  In 
the  criteria  were  similarly  treated. 

The  above  data  were  replotted  to  relate  the  safe  crack  growth  period  as  a  direct 
function  of  design  stress  level.  Figure  84  shows  the  derived  data  for  the  lower  surface 
at  W.  S.  77.7  for  the  Virgin  Plank  design.  Analysis  results  plotted  in  this  form  pro¬ 
vided  a  simple  method  for  selecting  design  stresses  that  were  in  compliance  with  the 
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NOTES;  Slow  Crack  Growth  Structure  -  In  Flight  and  Home  Station  -  Not  Applicable 
Crack  Arrest  Structure  *  Non-Inspec table  -  Not  Applicable 
For  Crack  Arrest  Structure  and  Multiple  Load  Path  Structure,  T  =  1.15  X 
60,000  Hours  -  16,374  Flights,  Current  Usage  -  2,000  hours /year 
^Design  Criteria  Inspections 


WS  77.7  LOWER  SURFACE,  t  *  0.223" 

3 

RETARDATION  FACTOR  =1.5  (REFERENCE  SECTION  8.2.J) 
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VIRGIN  PLANK  CONFIGURATION 
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FIGURE  84  WING  SURFACE  DAMAGE  TOLERANCE  ANALYSIS 
DESIGN  TENSION  STRESS  VS.  FLIGHTS  TO  FAILURE 
VIRGIN  PLANK  CONFIGURATION 


safe  crack  growth  periods  required  in  the  damage  tolerance  criteria.  This  format  also 
presents  a  vivid  illustration  of  the  influence  of  the  inspection  interval  on  the  allow¬ 
able  design  stress. 

In  addition  to  the  safe  crack  growth  requirement,  the  design  stress  must  also  provide 
for  a  specified  level  of  residual  strength  during  the  stable  fatigue  crack  growth 
period.  Selecting  the  governing  condition  from  a  safe  crack  growth  analysis,  further 
analyses  for  a  carefully  selected  range  of  design  stress  levels  were  performed  to  deter¬ 
mine  the  crock  length  after  the  minimum  period  of  unrepaired  service  usage.  Results 
for  the  example  chosen  are  shown  in  Figure  85.  Crack  lengths  and  corresponding 
design  stresses  at  F^^  were  replotted  in  Figure  86  along  with  critical  crack  length 
data  for  the  residual  strength  load  condition.  Stresses  at  which  the  critical  crack 
length  is  reached  are  plotted  in  terms  of  the  related  design  stress  to  maintain  a  uni¬ 
form  strength  basis  In  the  analysis.  The  point  where  the  two  curves  intersect  defines 
the  optimum  design  stress  at  which  both  the  safe  crack  growth  and  residual  strength 
requirements  are  met.  Other  points  In  the  structure  are  analyzed  in  a  similar  manner. 

Special  consideration  was  given  to  the  damage  tolerance  analysis  of  the  chordwise 
splice  at  W. S.  77,7.  An  approach  was  formulated  to  support  studies  for  the  case  of 
a  through-the-thickness  crack  emanating  symmetrically  from  both  sides  of  a  loaded 
hole.  The  analysis  applies  to  a  double  shear  splice  with  a  single  row  of  fasteners. 
Because  of  the  difficulty  associated  with  determining  the  condition  of  the  panel 
sandwiched  between  the  splice  plates,  the  crack  was  assumed  to  be  located  in  the 
wing  panel  instead  of  the  splice  plate.  External  loading  consisted  of  a  uniform 
tensile  far-field  stress  applied  In  the  spanwise  direction.  Rib  stiffnesses  were  assumed 
to  be  sufficient  to  prevent  out-of-plane  deformations. 

Considering  the  intact  structure  and  the  applied  loading,  It  was  concluded  that,  at 
the  splice  for  an  uncracked  panel ,  the  chordwise  stress  distribution  and  deformation  is 
periodicol  with  a  wave  length  equal  to  the  fastener  spacing.  Furthermore,  the 
chordwise  displacement  and  the  spanwise  shear  stresses  at  points  midway  between 
fasteners  vanish.  Since  the  introduction  of  a  crack  will  alter  conditions  locally,  a 
sufficiently  large  area  was  considered  around  the  crack  to  allow  the  assumption 
at  the  boundaries  of  zero  chordwise  displacements  and  spanwise  shear  stresses. 
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INITIAL  SURFACE  FLAW,  a/Q  =0.10“ 

W.S.  77.7  LOWER  SURFACE,  t=  0.223" 

RETARDATION  FACTOR  =  1 .5 (REFERENCE  SECTION  8.2.3) 
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VIRGIN  PLANK  CONFIGURATION 


DESIGN  STRESS  REDUCTION  DUE  TO  FAIL-SAFE  LOAD 


o 

CO 
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FIGURE  86  WING  SURFACE  DAMAGE  TOLERANCE  ANALYSIS 
RESIDUAL  STRENGTH  EFFECT 
VIRGIN  PLANK  CONFIGURATION 


Such  boundary  condi Hons  were  satisfied  by  a  separable  solution  for  a  plane  elasticity 
problem  using  the  well  known  bi harmonic  equation.  In  addition  to  the  edge  bound¬ 
aries/  the  model  was  treated  as  individual  regions  lying  between  the  fastener  line 
and  the  chordwise  edges  of  the  panel  and  splice  plates.  The  splice  was  assumed 
symmetrical  in  the  analysis  and  only  the  outboard  half  considered.  Load  components 
carried  by  the  fasteners  at  the  edges  of  the  regions  were  represented  by  singularity 
functions  and  the  edge  surface  tractions  were  represented  by  Fourier  series.  General 
solutions  for  each  region  were  obtained  in  terms  of  the  unknown  fastener  loads  and 
Fourier  coefficients.  A  collocation  method  with  truncated  series  representations  of 
the  normal  stress  and  shear  stress  along  the  fastener  row  containing  the  crack  was  used. 
By  satisfying  continuity  conditions  at  discrete  points  along  uncracked  boundaries 
and  zero  stress  conditions  at  discrete  points  along  the  cracked  faces,  together  with 
the  continuity  conditions  at  fastener  locations,  a  set  of  simultaneous  equations  was 
obtained.  The  unknown  Fourier  coefficients  and  unknown  fastener  load  components 
resulted  from  the  solution  of  these  equations.  Stresses  and  deformations  could  then 
be  determined  with  reasonable  accuracy  at  all  points  In  the  model  except  In  the 
immediate  area  of  the  crack  tips  where  sharp  strain  gradients  are  present.  In  order 
to  accurately  define  the  stress  state  at  the  crack  tip,  the  results  of  the  above  analysis 
were  used  to  define  the  conditions  at  the  boundaries  of  a  cracked  finite  element,  A 
single  crocked  finite  element  was  used  to  determine  the  level  of  the  crack  tip  stress 
intensity  for  a  particular  crack  length  and  far  field  stress  level.  Development  of  the 
Lockheed-Georgia  cracked  finite  element  and  its  applications  are  described  in 
references  8  and  9, 

8.2.3  Damage  Tolerance  Analysis  Results 

Preliminary  studies  were  performed  to  determine  the  trend  or  influence  of  the  various 
aspects  of  the  damage  tolerance  criteria  on  structural  strength  requirements.  The 
purpose  of  these  studies  was  to  form  a  basis  for  the  selection  of  the  approach  to  be 
followed  in  complying  with  the  criteria  with  the  least  impact  on  structural  weight, 
tt  was  concluded  that  for  the  proposed  design  concepts  the  slow  crack  growth  approach 
offered  the  best  potential  for  achieving  the  desired  objective. 
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Analyses  for  design  stress  level  control  based  on  the  damage  tolerance  criteria  were 
conducted  for  the  same  wing  stations  considered  in  the  fatigue  analyses.  Each  lo¬ 
cation  was  analyzed  in  a  manner  similar  to  that  outlined  in  the  analysis  approach 
section  of  the  report  for  the  lower  wing  surface  at  W.S.  77.7.  Within  the  scope  of 
a  preliminary  design  effort,  the  developed  results  represent  a  very  realistic  imple¬ 
mentation  of  the  criteria.  For  example,  crack  growth  retardation  effects  were 
included  in  the  determination  of  allowable  design  sh-ess  levels.  The  level  of  retarda¬ 
tion  used  in  the  analysis  was  based  on  panel  test  data  where  crock  growth  was  measured 
os  a  function  of  cyclic  loads  applied  on  a  flight-by-flight  basis.  The  basic  load 
spectrum  was  converted  to  two  levels  of  stress  spectra  severity:  one  corresponded  to 
the  stress  level  of  the  baseline  airplane  and  the  other  to  a  lower  stress  level  intended 
to  cover  the  lower  range  of  potential  stress  levels  for  the  ADP  designs.  AH  loads  in 
the  spectrum  were  applied  in  the  tests,  including  compression -compress  ion  load 
cycles.  The  results  indicated  a  relatively  low  level  of  crack  retardation  under  these 
test  conditions.  Crock  growth  period  extension  factors  were  derived  and  applied  to 
the  safe  crack  growth  analyses  results  developed  from  constant  load  amplitude  crack 
growth  rate  data.  Specifically,  the  crack  growth  period  with  retardation  was  1.76 
times  the  calculated  crack  growth  period  without  retardation  at  the  baseline  design 
stress  level.  The  factor  for  the  less  severe  stress  spectrum,  which  corresponds  to  the 
lower  design  stress  level,  was  1,50.  Fundamentally,  the  approach  followed  with 
regard  to  including  retardation  effects  was  a  direct  approach  based  on  experimental 
data  specifically  applicable  to  a  particular  design, 

Another  refinement  concerns  the  fracture  analysis  related  to  the  surface  flaw  data 
specified  in  the  criteria.  Surface  flaws  are  listed  In  the  criteria  in  terms  of  a/Q 
instead  of  dimensionalized  shapes.  Since  a/2c  values  are  not  specified,  It  was 
mutually  agreed  by  Lockheed  and  the  ADPO  that  fracture  allowable  design  stresses 
would  be  based  on  the  assumption  of  a  variable  a/2c  during  the  crack  growth  period 
of  surface  flaws.  Analyses  considering  a  variable  a/2c  were  accomplished  by  modi¬ 
fying  the  computer  program  to  evaluate  surface  flaw  crock  growth  considering  the 
variation  in  the  stress  intensity  which  occurs  along  the  crack  front.  Crack  growth 
morphology  under  these  circumstances  is  characterized  by  slower  crack  growth  along 
the  surface  than  In  the  thickness  direction.  As  a  result,  when  the  part-through  crack 
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grows  and  penetrates  the  thickness,  the  2c  dimension  is  generally  smaller  with  the 
variable  a/2c  assumption  than  if  a  constant  a/2c  is  assumed.  In  addition,  the  initial 
value  of  a/2c  was  taken  as  the  worst  case  within  an  a/2c  range  of  0.10  to  0.50, 

There  are  complex  interactions  between  the  initial  flaw  depth,  initial  a/2c  and  other 
functions  such  as  thickness,  load  spectrum  and  design  stress  level.  Table  XXII  illus~ 
trates  some  of  the  influences  of  initial  flaw  assumptions  along  with  related  crock 
growth  patterns.  It  should  be  observed  that  the  flaws  tend  to  become  somewhat  semi¬ 
circular  during  the  safe  crack  growth  period.  Of  particular  importance  is  the  fact 
that  the  critical  initial  a/2c  Is  dependent  on  a/Q.  This  can  be  observed  by  noting 
that  the  safe  crack  growth  period  decreases  as  the  initial  a/2c  increases  for  an  a/Q 
of  0.  03.  The  trend  in  the  safe  crack  growth  period  is  reversed  at  the  higher  a/Q. 
These  complexities  were  taken  into  account  in  the  analyses. 

Damage  tolerance  analyses  for  the  wing  surface  panels  were  conducted  as  outlined 
above.  The  derived  allowable  design  stresses  based  on  the  fracture  criteria  are 
shown  In  Table  XXIII.  Allowables  used  for  design  stress  level  control  include  the 
residual  strength  requirements.  For  comparison,  values  based  solely  on  the  safe  crack 
growth  requirement  are  also  listed  to  show  the  influence  of  the  residual  strength  re¬ 
quirement  on  the  design  cut-off  stress.  Generally,  the  residual  strength  load  was 
more  significant  at  the  higher  design  stresses  levels  and  as  a  result  hod  a  greater 
influence  on  the  lower  wing  box  surface  stresses,  particularly  for  the  ADP  designs. 

The  wing  surface  allowable  design  stresses  for  all  structural  requirements,  including 
fracture  requirements,  are  summarized  in  Figures  47  through  50  in  Section  VII.  These 
results  indicate  that  the  designs  are  reasonably  well  balanced  with  respect  to  the 
structures  related  functions  shown  in  Figure  4  ,  the  Design  Approach,  An  initial 
review  of  Figure  46  may  suggest  that  the  Virgin  Plonk  design  lacks  the  balance  of 
the  other  design  concepts,  and  that  a  more  fracture  resistant  material  should  have 
been  chosen.  However,  if  cold  working  of  the  holes  in  the  spanwise  splice  plates 
was  omitted,  both  surfaces  of  this  structure  would  be  designed  by  a  reduced  fatigue 
threshold.  The  allowable  design  stress  levels  would  be  revised  as  shown  in  Figure  87. 
Final  selections  on  structural  arrangements,  and  materials  and  processes,  were  made 
on  the  basis  of  weight  and  cost  effectiveness. 
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TABLE  XXII 

INITIAL  FLAW  SHAPE  <a/2c)  STUDY 

W.S.  77-7  Upper  Surface 
7050-T76  Aluminum,  t  =  0.202 
Design  Stress  =  45.0  ksi 
Retardation  Factor  =  1.5 
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TABLE  mil 


WING  SURFACE  DAMAGE  TOLERANCE  ANALYSIS 
SUMMARY  -  ALLOWABLE  DESIGN  TENSION  STRESSES 


DESIGN  STRESSES  (Kai) 

CRITICAL 

CONDITION 

LOWER  SURFACE 

UPPER 

SURFACE 
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W.S, 

GROWTH 

RESIDUAL 

GROWTH 

RESIDUAL 

FLAW 

INITIAL 

SERVICE 

ONLY 

STRENGTH 
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(a)  UPPER  SURFACE 
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100  150  200  250  300  350 

IWBRS  -  INCHES 

FIGURE  87  WING  SURFACE  DESIGN  STRESS  THRESHOLD 
HOLE  COLD  WORKING  EFFECT 
VIRGIN  PLANK  CONFIGURATION 


The  fracture  analysis  of  the  W.S*  77.7  chordwise  splice  was  based  on  a  two  part 
analysis:  a  detail  internal  load  and  deformation  analysis  followed  by  a  cracked 
finite  element  analysis  to  determine  crack  tip  stress  intensity  levels.  A  description 
of  the  general  analysis  procedure  is  presented  in  Section  8,2,2*  The  analysis  was 
performed  by  selecting  a  range  of  crock  lengths  located  along  the  row  of  fasteners 
in  a  general  area  of  the  splice*  As  indicated  previously  the  cracks  were  assumed  to 
be  through-the-thickness  cracks  extending  symmetrically  from  a  fastener  hole  in  the 
panel*  For  specific  crack  lengths ,  within  the  range  selected  for  study,  internal 
load  and  deformation  analyses  and  cracked  finite  element  stress  intensity  determi¬ 
nations  were  made  for  a  unit  external  load  condition,  The  resulting  stress  intensities 
were  normalized  on  the  basis  of  stress  intensities  for  equivalent  center  through-cracks 
in  an  infinite  plate  subjected  to  the  same  far  field  tensile  stress  level.  These  ratios 
were  further  modified  to  include  the  Bowie  correction  factor  due  to  the  hole  effect* 
Figure  88  shows  the  net  correction  factors  which  were  applied  to  the  nominal  load 
spectrum  in  the  fracture  analysis  of  the  baseline  update  chordwise  splice.  The  cal¬ 
culated  allowable  design  stresses  and  corresponding  critical  crack  lengths  are  pre¬ 
sented  in  Figure  89. 
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W.s.  77.7  CHORDWISE 
SPLICE  ANALYSIS 
BASELINE  UPDATE 
7075-T7651 1  EXTRUSION 


LU 
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STRESS  INTENSITY  COEFFICIENT 


W.S.  77.7  CHORDWISE  SPLICE 
7075-T7651 1  EXTRUSION 
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DESIGN 


SECTION  IX 


MANUFACTURING 

Because  of  the  AD P  emphasis  on  advanced  technology  designs  which  can  be  produced 
for  less  cost,  major  effort  was  spent  in  developing  new  and  innovative  tooling  and 
manufacturing  approaches  taking  full  advantage  of  improved  processes  either  presently 
under  development  or  proven  feasible  in  recent  R&D  programs.  Some  of  these  are  dis¬ 
cussed  In  subsequent  paragraphs  along  with  a  list  of  items  requiring  additional 
development. 

9.1  EVALUATION  OF  BASELINE 

The  C-141  inner  wing  baseline  structure  was  in  production  until  the  late  1960's  and 
represents  near  state-of-the-art  manufacturing  technology.  Only  minor  changes  were 
required  to  update  the  baseline  manufacturing /too  ling  plan  to  1972  technology.  These 
changes  are  reflected  in  the  cost  analyses  developed  during  the  study. 

9.2  EVALUATION  OF  ADP  DESIGNS 
9.2,1  Manufacturing 

The  evaluation  criteria  shown  below  formed  the  basis  for  the  manufacturing  ability 
rating  of  candidate  concepts  discussed  in  Section  XII,  "Concept  Evaluation:" 

o  Feasibility,  including  cost  effectiveness 

o  Predictability 

o  Development  of  manufacturing  process 
o  Tooling  requirements  -  fabrication  and  assembly 
o  Facilities  availability 
o  Personnel  requirements  -  levels  of  skill 
o  Practicality,  including  cost  realism 


163 


Technology  advancement  was  considered  as  a  final  evaluation  parameter  which  recog  - 
nized  new  manufacturing  techniques  offering  potential  payoffs  in  cost,  schedule, 
quality,  and  other  important  performance  areas .  In  all  cases,  emphasis  was  placed  on 
manufacturing  processes  which  ensured  highest  reliability  of  dimensional  accuracy  and 
repeatability,  material  integrity,  and  overall  economy  based  on  minimum  rejection/ 
rework  of  finished  parts* 

9,2.2  Tooling 

The  tooling  evaluation  parameters,  shown  in  Table  XXIV,  were  established  concur¬ 
rently  with  the  above  criteria  and  were  used  to  evaluate  candidate  concepts.  The 
type  of  tooling,  the  tooling  material,  and  the  fabrication  process  were  largely  dictated 
by  design  application  and  engineering  tolerances,  but  in  all  cases  effort  was  made  to 
select  tooling  which  would  minimize  cost  and  meet  engineering  requirements, 

9*3  MANUFACTURING  PLAN 

Figures  90  through  92  show  the  three  recommended  designs  and  the  initial  manufacturing 
plan  developed  for  each  design  *  Each  plan  was  developed  to; 

o  Establish  a  cost-effective  sequence  of  major  operations.  (Detail  operations  — 
e.g,,  deburring,  cold  working  of  holes,  cleaning,  and  thermal  treatments  — 
are  not  defined  but  were  recognized  and  considered  os  a  significant  part  of  all 
evaluations*) 

o  Determine  development  requirements  for  new  or  altered  manufacturing 
processes* 

o  Outline  departmental  responsibilities  to  ensure  adequate  control .  (For 

example,  In  the  close  control  of  elapsed  time  between  cleaning  and  applica¬ 
tion  of  primer  in  the  metal  bonding  process,) 

9.4  ASSEMBLY  SEQUENCE 

Figures  93  through  95  show  the  proposed  assembly  sequence  for  each  configuration. 
Larger  subassemblies  lend  themselves  to  cost  effective  automated  processes  which 
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TOOLING  EVALUATION  PARAMETERS 
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DIFFICULTY 


MANUFACTURING  PLAN 

•  MACHINE  SKIN  PANEL 

•  STRINGERS  -  USE  AS-EXTRUDED  EXCEPT  FOR 
ROUTINGOF  RIB  ATTACHMENT  FLANGE 

•  CLEAN  &  WELDBOND  STRINGERS  TO  SKIN  -  OVEN  CURE  AT 
250°  F 

•  FORM  RIB  CAPS  AND  DRILL 

•  ASSEMBLE  RIB  CAPS,  BRACES,  ETC. 

•  ASSEMBLE  TWO  SUBASSEMBLIES 

•  ELECTRON  BEAM  WELD  SPAR  CAPS  TO  WEB 

•  ASSEMBLE  SPARS  TO  WING  BOX  -  BOND  -  OVEN 
CURE  AT  250°F 

•  COMPLETE  ASSEMBLY 

DEVELOPMENT  REQUIREMENTS 

•  TOOLING  FOR  SKIN-SPAR  BONDING 

•  BURN  THROUGH  WELD  OF  ALUMINUM 

•  COORDINATED  FORMING  &  ASSEMBLY  TOOLS 

•  CORROSION  PREVENTION  SYSTEM  FOR  WELDBOND 

FIGURE  90  MANUFACTURING  PLAN  -  WELDBOND  CONFIGURATION 
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MANUFACTURING  PLAN 

•  PLANE  SKIN  PANELS  WITH  MULTIPLE  TOOL  SETUP 

•  OVEN  BOND  SKIN  SPLICES 

•  ASSEMBLE  PREDRILLED  CLIPS,  DESTACK,  DEBURR, 

&  ASSEMBLE 

•  ASSEMBLE  SPARS 

•  BOND  CLOSE-OUT  SPLICE 

•  ASSEMBLE  SUB-STRUCTURE 

DEVELOPMENT  REQUIREMENTS 

•  NON -PENETRATING  CLIP  -  ASSEMBLY  PROCEDURE 

•  TOOLING  FOR  SKIN-SPLICE  BOND 

•  MULTIPLE  TOOL  PLANING  OF  SKIN  PANELS 

FIGURE  91  MANUFACTURING  PLAN  -  VIRGIN  PLANK  CONFIGURATION 
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MANUFACTURING  PLAN 

•  PLANE  INTEGRAL  STIFFENED  PANELS 

•  ASSEMBLE  COVERS  (RIVET) 

•  FORM  AND  OVERAGE  RIB  CAPS 

•  ASSEMBLE  RIB  CAPS  TO  COVERS 

•  ASSEMBLE  SPARS 

•  ASSEMBLE  SUB-STRUCTURE 

DEVELOPMENT  REQUIREMENTS 

•  TUBE  AND  END  FITTING  ASSEMBLY  PROCESS 

•  AUTOMATED  INSTALLATION  OF  STRESS  WAVE  RIVETS 

•  RIB  CAP  FORMING  AND  THERMAL  TREATMENT 
SEQUENCE 

•  MULTIPLE  TOOL  PLANING  OF  SKIN  PANELS 

FIGURE  92  MANUFACTURING  PLAN  -  TAPERED  SHINGLE  CONFIGURATION 
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FIGURE  93  MANUFACTURING  SEQUENCE  -  WELDBOND  CONFIGURATION 
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FIGURE  94  MANUFACTURING  SEQUENCE  -  VIRGIN  PLANK  CON  FIG  NATION 
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FIGURE  95  MANUFACTURING  SEQUENCE  -  TAPERED  SHINGLE  CONFIGURATION 


provide  repeatable  dimensional  accuracy.  The  use  of  coordinated  tooling,  together 
with  close  production  control,  ensures  a  minimum  tolerance  build-up  which  is  neces¬ 
sary  for  high-quality,  low-cost  structures. 

9.5  MANUFACTURING  COST  EFFECTIVENESS 

Figures  96  through  98  show  some  of  the  manufacturing  processes  proposed  for  each  con¬ 
figuration  to  achieve  low  cost.  Cost  effectiveness  has  been  achieved  In  primary  and 
secondary  fabrication  processes  and  in  assembly  procedures.  All  facets  of  manufacturing 
were  investigated  for  additional  cost  savings.  Some  of  these  include: 

o  Multiple-tool  planing  of  integrally  stiffened  skins 
o  Gang  milling  using  straight  and  contoured  cutters 
o  Air  actuated  drill  jigs,  lathe  chucks,  etc. 
o  Automated  drilling,  reaming  and  deburring 
o  Vacuum  handling  equipment  for  fabrication  and  assembly 
o  Coordinated  tooling  through  all  phases  of  manufacture 
o  Larger  sub-assemblies 

9.6  MANUFACTURING  DEVELOPMENT  ITEMS 

Several  manufacturing  processes  which  show  large  potential  payoffs  in  ADP  designs 
require  some  additional  development  before  commitment  to  prototype  production  . 

The  status  of  some  of  the  more  significant  items  is  presented  below. 

9.6,1  Welded  "Sine  Wave"  Spar 

The  use  of  the  "Sine  Wave"  spar  concept  proposed  in  the  weldbond  configuration 
necessitates  the  development  of  a  reliable  electron  beam  burn -through  weld  technique 
for  aluminum  alloys.  Welding  experiments  conducted  during  1966  utilizing  the  TIG 
welding  process  were  discontinued  because  the  oxide  on  the  interface  of  the  aluminum 
details  became  entrapped  in  the  weld  as  large  flakes.  The  oxide  flakes  exhibited  a 
complete  loss  of  cohesiveness  which  resulted  in  a  weld  efficiency  of  only  ten  to  twenty 
percent.  However,  more  recent  experiments  conducted  on  both  6061  and  2219 
aluminum  alloys  using  the  electron  beam  process  indicate  that  weld  efficiencies  of  80% 


172 


STRINGER 


u 


o- 

un 

o 

LL.  LH 
„  LU 

y2  ^ 

s 

„  < 
O'-  U_| 

0-  S 

is 

9  “ 

z  u- 

o  £ 

CD  < 


8 


O 

z 

<N 

8 

I—  o 

u  z 
S3° 
^  u 


173 


FIGURE  96  MANUFACTURING  COST  EFFECTIVENESS  -  WELDBOND  CONFIGURATION 
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FIGURE  97  MANUFACTURING  COST  EFFECTIVENESS  -  VIRGIN  PLANK  CONFIGURATION 
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FIGURE  98  MANUFACTURING  COST  EFFECTIVENESS  -  TAPERED  SHINGLE  CONFIGURATION 


or  higher  ore  attainable.  An  EB-welded  specimen  fabricated  from  0, 1 60 11  thick  6061  - 
T4  sheet  stock  was  tested  with  excellent  results.  An  ultimate  allowable  In  excess  of 
95%  of  parent  metal  F^  was  obtained  with  good  reduction  in  area  across  the  weld. 
Similar  experiments  using  2219-T87  aluminum  show  efficiencies  of  81%  when  welded 
joints  were  aged  at  375°  for  36  hours,  then  air  cooled.  Additional  development  work 
is  needed  to  improve  weld  efficiencies  in  2219  to  the  90%  range  for  ADP  usage. 

In  addition,  for  out-of-chamber  EB  welding  desired  for  ADP  designs,  a  technique  to 
pivot  or  rotate  the  welding  gun  must  be  developed  in  order  to  reduce  the  oxide  film  to 
microscopic  particles.  This  is  presently  accomplished  in  the  vacuum  chamber  by  a 
circle  generator  which  oscillates  the  electron  beam  to  break  up  the  oxide  film. 

9.6.2  Lockmold  Elastomeric  Tooling  for  Bonded/C  lamped  Splices 

This  process  developed  by  Lockheed  utilizes  the  thermo!  expansion  of  rubber  to  pro¬ 
vide  bonding  pressure,  thereby  eliminating  the  high  cost  of  bagging  and  autoclaving. 
This  process  has  been  used  successfully  on  development  projects  for  bonding  C-140 
fuselage  panels  and  close  out  ribs  for  the  C- 1  41  horizontal  stabilizer.  The  additional 
development  necessary  for  its  use  on  the  bonded  splices  in  the  Weldbond  configura¬ 
tion  and  the  Virgin  Plank  configuration  is  considered  to  be  low  risk,  and  primarily 
involves  the  sizing  of  rubber  and  restraining  tooling  to  ensure  the  uniform  applica¬ 
tion  of  the  correct  bonding  pressure  at  the  250°F  adhesive  curing  temperature. 

9.6.3  Magnaformed/Bonded  Joints 

The  use  of  the  magnaform/bonding  process  for  attachment  of  end  fittings  (shown  in  the 
Tapered  Shingle  configuration  rib  diagonals)  has  a  good  potential  as  a  low  cost  join¬ 
ing  method  which  provides  excellent  structural  performance.  There  was  a  spring- 
back  problem  associated  with  early  development  of  the  magnaform  process,  but  this 
problem  can  be  eliminated  by  use  of  a  post-forming  application  of  capillary  action 
adhesive.  Additional  development  of  this  process  consists  primarily  of  optimizing 
forming  procedures  and  adhesive  cure  cycles. 
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9.6.4  Fotigue  Resistant  Splices 

Several  improved  spanwise  splice  design  concepts  were  considered  for  proposed  cargo/ 
tanker  designs.  One  of  these  was  proposed  to  fulfill  the  need  for  o  bonded  /clomped 
joint  suitable  for  use  with  the  Virgin  Plank  configuration.  The  machining  of  the 
matching  sine  wave  patterns  shown  in  the  covers  and  splice  plates  requires  the  develop¬ 
ment  of  a  coordinated  numerically  controlled  machining  process  to  ensure  proper  fit  of 
the  mating  parts. 

9.6.5  Stress  Wave  Riveting 

The  use  of  stress  wave  riveting  for  fabrication  of  critical  cover  and  spar  assemblies  will 
require  the  development  of  automated  procedures  not  presently  in  use.  Requirements 
will  dictate  the  use  of  integrated  tooling  with  N/C  positioning  as  well  as  means  of 
absorbing  shock  of  gun  recoil  while  maintaining  proper  position. 

9.6.6  Weldbond  Process 

The  weldbond  process  is  very  attractive  for  ADP  designs,  and  its  use  is  contemplated 
for  several  applications  including  stringer  to  skin  attachment  and  spanwise  splices. 
Although  the  basic  process  has  been  proven,  additional  development  of  the  optimum 
surface  preparation  and  adhesives  to  be  used  for  the  best  balance  of  corrosion  re¬ 
sistance  and  structural  performance  will  be  required.  Also,  additional  development 
of  automated  spotwelding  procedures  is  necessary.  Recent  fatigue  tests,  as  discussed 
in  Section  6. 1,1. 3,  have  indicated  that  improvements  in  the  Fatigue  Quality  Index 
are  desirable  for  low  load  transfer  weldbonded  joints.  Currently,  indications  are 
that  this  fatigue  improvement  may  be  achieved  by  controlling  process  variables 
during  spotwelding  and/or  improving  the  metallurgical  characteristics  of  the  weld 
nugget/HAZ  (Heat  Affected  Zone)  through  a  cold  working  or  forging  process. 
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SECTION  X 


QUALITY  ASSURANCE/NDI 

The  basic  program  philosophy  in  the  Phase  I A  study  was  to  place  heavy  emphasis  on 
designing  for  Inspectability.  Particular  attention  was  given  to  critical  joints  and 
splices  to  eliminate  potential  problem  areas  and  to  ensure  adequate  inspection  methods. 
In  addition,  the  inspectability  of  designs  Incorporating  new  technology  such  as  Weld- 
bond  and  Lockskln  were  evaluated  in  the  light  of  methods  and  equipment  currently 
available. 

10. 1  EVALUATION  OF  BASELINE  DESIGN 

Inspectability  information  was  collected  for  evaluation  of  baseline  structural  arrange¬ 
ments.  In  addition  to  an  analysis  of  nondestructive  inspection  requirements  for  the 
baseline  update,  an  assessment  of  baseline  inspectability  was  made  for  purposes  of 
defining  preliminary  inspection  categories  for  use  in  fracture  analyses.  This  inspect¬ 
ability  assessment  was  made  on  10  major  subdivisions  of  structure  (1 .  Upper  covers, 

2.  Lower  covers,  3,  Spars,  4.  Special  areas,  e.g.,  pylon  and  flap  track  fittings, 

5.  Chordwise  splice,  6.  Spanwise  splice,  7.  Structure  under  fairings,  8.  Bulkheads, 

9.  Major  fittings,  10.  Truss  ribs)  for  inspection  criteria  ranging  from  in-flight- 
evident  to  non-inspectable.  These  results  are  summarized  in  Table  XXV. 

10.2  EVALUATION  OF  ADP  DESIGNS 

In  support  of  the  concept  evaluation  described  in  Section  XII,  ADP  designs  were 
reviewed  and  scored  using  a  relative  merit  rating  system.  Parameters  considered 
In  this  evaluation  were: 
o  Cost 

o  Accessibility  to  parts 
o  Defect  character 
o  Part  configuration 
o  Surface  finish 
o  Material  composition 
o  Human  factors 
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IN-SERVICE  INSPECTABIL1TY  FACTORS 


DAMAGE  SIZE 
DETECTION 
CAPABILITY 

ON.) 

20.0 

5.0 

10.0 

0’0l 

2.0  (Visual) 

2.0  (Visual) 

See  Table  XXVI 

NDI 

TECHNIQUES 

None 

None 

None 

None 

None 

None 

ACCESSIBILITY 

FACTORS 

None 

None 

r.LL1    ■  -  1  i 

None 

None 

None  Required  on 
Inner  Wing 

All  Access  Doors 
&  Panels 

All  Access  Doors, 

Leading  Edges, 

&  Panels 

All  Access  Doors, 
Pylons,  Wing  Edges 
at  Pylons 

All  Access  Doors, 

Pylons,  Wing  Edges 

at  Pylons 

As  Required 

CORRESPONDING  USAF 
DAMAGE  TOLERANCE 
CRITERIA  INSPECTION 

In-Flight 

Walk  Around/ 

Special  Visual 

Ground  Evident 

Ground  Evident 

Special  Visual 

Special  Visual 

Depot  Level 

Depot  Level 

Depot  Level 

Depot  Level  on 
Affected  Areas 

INTERVAL 

Not  Applicable 

Before  Flight 

Enroute, 

Before  Flight 

10  Days 

38  Flights 

70  Days 

105  Flights 

140  Days 

209  Flights 

1 8  Months 

819  Flights 

36  Months 

1637  Flights 

36-42  Months  on 
Limited  Number 
of  Aircraft 

After  Extreme 
Conditions 

C-141 

INSPECTION 

In-Flight 

Pre-Flight 

Thru -Flight 

Home  Station 

Minor 

Major 

Mid-Interval 

IRAN 

Depot  IRAN 

ACI(Analytical 

Condition 

Inspection) 

Special 

Investigation 
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NOTES:  (1)  Assumed  based  on  experience. 

(2)  Data  applies  to  C-141 A  Inner  Wing  only. 


TABLE  XXVI 


C-141  INNER  WING  NDI  PROCEDURES^ 


LOCATION  CATEGORY 

PAGE 

PROCEDURE 

ASSUMED 
CRACK  LENGTtL 
DETECTABILITY  [  ’ 
(INCHES) 

Skin  Panels  ot  Flanges, 

4.3 

E/C  Surface  Probe 

0.15 

Access  Openings,  Pump  & 

U/S  Shear  Wave 

0.25 

Probe  Holes,  Vent  Boxes 

E/C  Bolt  Hole  Probe 

0.08 

Wing  Attach  Fittings  at 

F-  $*  734  and  958 

4-1 

P  Inspect  Hole  Wall 

0.30 

Access  Doors 

11 0"  Ring  Groove 

4-11 

P 

0.10 

Front  Beam  Upper  Cap 

Splice  Fitting,  WS  405 
and  IWBRS  374.47 

4-28 

X/R 

1.25 

Upper  and  Lower  Chord  - 
wise  Splice,  IWBRS  374 

4-38 

X/R 

1.25 

Upper  and  Lower  Chord- 
wise  Splice,  WS  77.7 

4-50 

X/R 

1.25 

Rear  Beam  Web  Splice 

4-48 

VISUAL 

2.0 

and  Tee,  IWBRS  374 

P 

0.1 

CODE: 

E/C 

Eddy  Current 

U/S 

-  Ultrasonic 

P 

-  Penetrant 

X/R 

-  X-ray  Radiography 

NOTES: 

0) 

FromC-]4]  Inspection  Manual  T.O,  IC-141A-36 

Procedures  (Reference  10) 


(2)  Based  on  a  consensus  of  estimates  tempered 
with  data  referenced  in  Section  10.3 
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10.3  RELIABILITY  OF  NDI  METHODS 


Two  Lockheed  programs  on  the  reliability  of  nondestructive  inspection  methods  were 
reviewed  for  application  to  ADP  designs.  Results  of  one  program  involved  inspections 
of  simulated  aircraft  structure,  using  data  derived  from  ultrasonic  shear  wave  scans 
oround  fasteners.  In  these  tests,  fatigue  cracks  were  known  to  be  present  in  10%  of 
fastener  locations,  with  crack  lengths  ranging  from  0.03"  to  0.30",  The  desired  90% 
detection  level  at  a  95%  level  of  confidence  as  required  by  the  "Proposed  USAF 
Damage  Tolerance  Criteria"  wos  not  achieved  in  this  effort.  Rather,  a  70%  detection 
level  of  95%  confidence  for  cracks  in  the  0.20"  to  0.25"  upper  midrange  was  attained. 
Redundant  inspections,  where  the  second  observation  was  conducted  with  knowledge 
of  results  from  the  first,  yielded  significant  gains  for  detection  of  cracks  in  the  mid¬ 
range  from  0.10"  to  0.20"  as  shown  in  Figure  99  .  Less  significant  gains  at  the  range 
extremes  from  redundant  inspection  yielded  8%  to  10%  improvements  in  detection  level . 

The  second  program  involved  inspection  of  C-130  wing  boxes  after  fatigue  test.  Data 
were  acquired  on  detection  of  surface  fatigue  cracks  radiating  from  fastener  holes  in 
wing  planks.  These  data  were  obtained  from  ultrasonic  shear  wave  and  eddy  current 
surface  scans.  Detection  levels  of  70%,  at  95%  confidence  levels,  for  0,45"  cracks 
were  observed  for  both  of  these  NDI  methods  with  single  inspections.  Independent  re¬ 
peat  inspections,  combined  to  yield  composite  defect  finds,  were  also  conducted. 

Five  inspections  were  required  to  attain  a  100%  find  for  0.2"  cracks;  two  inspections 
were  needed  to  yield  a  100%  find  for  0.4"  cracks  as  shown  in  Figure  100.  Work  is 
currently  in  progress  on  this  program  to  measure  the  influence  of  human  factors  on 
inspection  reliability. 

It  is  apparent  from  the  NDI  Reliability  programs  described  above  that  a  single  inspec¬ 
tion  will  not  be  adequate  for  the  detection  of  flaws  within  a  length  range  from  0  to 
approximately  0.5".  Capabilities  of  single  inspections  for  detection  of  cracks  from 
0.5"  to  2.0"  lengths  are  also  marginal,  yet  damage  tolerance  criteria  for  the  "Slow 
Crack  Growth"  model  used  extensively  in  this  program  require  reliable  detection  of 
2.0"  cracks  in  service.  Additionally,  the  "Slow  Crack  Growth"  model  appears  to  have 
the  least  stringent  NDI  requirements  as  compared  to  the  other  two  models  "Fail-Safe 
Crack  Arrest"  and  "Multiple  Load  Path,  Fail-Safe"  defined  in  the  Damage  Tolerance 
Criteria. 
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DETECTION  LEVEL  (%) 


CRACK  DETECTION  PROBABILITY,  SIMULATED 
TITANIUM  PYLON  AFT  TRUSS, 

ULTRASONIC  NDt  REDUNDANT 
VERSUS  ORIGINAL  INSPECTION 


-  20 


REDUNDANT  MEAN 


FIGURE  99  CRACK  DETECTION  PROBABILITY 
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<^>  INDICATES  number  of  inspections 


FIGURE  100  ULTRASONIC  NDI  REPEAT  INSPECTIONS 
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Assurances  of  structural  integrity  throughout  the  life  of  the  aircraft  by  NDI  can  be 
used  effectively  if  the  structure  is  inspectable  and  the  NDI  cost  Is  not  prohibitive. 
All  candidate  designs  reviewed  in  this  program  rated  within  a  narrow  band  of  index 
values  which  fell  within  the  range  of  good  to  very  good  inspectabil  ity .  This  cost 
can  be  taken  as  the  dominant  selection  factor.  No  NDI  cost  values  were  estimated 
on  this  program,  but  an  estimate  of  production  NDI  cost,  as  a  percent  of  the  total, 
is  indicated  by  the  experience  gained  on  the  B-l  Bomber  program.  The  demonstra^ 
Hon  of  production  level  NDI  reliability,  which  is  the  first  time  such  a  requirement 
has  been  implemented,  has  cost  less  than  0,005  of  the  total  B-l  design,  develop- 
ment,  test,  and  evaluation  Functions  {Reference  13).  It  Is  anticipated  that  a  similar 
cost  increment  would  be  added  to  a  cargo/tanker  inner  wing  production  inspection 
cost  to  fulfill  the  production  NDI  demonstration  requirement. 
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SECTION  XI 


COST/nODUCIBIUTY 

Cost  estimotes  were  developed  for  the  baseline,  updated  baseline,  candidate  ADP 
designs,  and  recommended  designs.  Costs  for  the  baseline  original  C-141  inner  wing 
were  developed  from  actual  costs  incurred  on  the  C-141  production  program.  The 
updated  baseline  cost  was  estimated  by  modifying  the  original  baseline  cost  by  incre¬ 
mental  cost  values  derived  from  detailed  analysis  of  the  design  changes  to  update  the 
baseline  to  1972  technology.  Cost  estimates  for  the  ADP  candidate  designs  were  based 
on  a  step-by-step  detail  analysis  using  actual  material  requirements  and  standard  labor 
data.  After  the  recommended  ADP  designs  were  selected,  more  refined  cost  estimates 
were  made  on  those  designs  and  these  costs  were  updated  to  reflect  additional  optimi¬ 
zation  . 

11.1  BASELINE  COSTS 

The  baseline  cost  data  were  derived  from  actual  material  and  manhour  costs  incurred 
on  three  separate  contracts  for  5,  145,  and  134  aircraft  sets  of  C-141  wings.  The 
detailed  breakdown  for  the  Inner  wing  was  achieved  by  proportioning  the  total  wing 
box  cost  by  the  ratio  of  planform  areas.  The  apportionment  was  initially  mode  on  the 
basis  of  weight,  but  after  additional  data  were  studied,  apportionment  by  area  was 
judged  more  appropriate.  Since  systems  were  excluded  from  the  structural  study,  the 
fuel  system  cost  was  independently  estimated  and  extracted  from  the  baseline  cost.  To 
convert  these  actual  costs  to  "1972  dollars,"  the  manhour  rates  for  1972  were  used, 

l 

and  material  costs  were  increased  by  the  appropriate  factor  for  economic  escalation, 
based  on  historical  experience  of  industry  prices  since  1958, 

Inner  wing  costs  were  developed  for  100  aircraft  based  on  a  labor  learning  curve  of 
84%  and  a  material  learning  curve  of  89%.  These  percentages  were  derived  From 
actual  experience  on  the  C-141  wing  box  subcontract  and  were  also  used  in  develop¬ 
ing  costs  for  all  ADP  designs. 

An  updated  baseline  cost  was  obtained  by  modifying  the  original  cost  by  incremental 
cost  values  derived  from  analysis  of  the  changes  attendant  to  the  original  C-141  design 
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to  1972  technology.  This  updating  included  such  considerations  as  material  selection, 
fastener  systems,  nondestructive  inspection,  finishes  and  processes,  and  damage 
tolerance  criteria  for  the  major  structural  elements.  The  more  significant  incremental 
changes  resulting  from  this  exercise  are  discussed  in  Section  3.5. 

1 1 .2  COSTS  OF  ADP  CANDIDATE  DESIGNS 

Figure  1 01  shows  cost  ratios  of  all  eight  candidate  configurations  relative  to  the  total 
cost  of  the  updated  baseline  structure.  The  Lockskin,  Sandwich,  and  Composite  Hot 
configurations  were  eliminated  primarily  because  of  the  high  costs  shown  .  Although 
cost  contributed  to  elimination  of  the  "Hat"  stringer  configuration,  other  shortcomings 
were  equally  important.  The  Monolithic  configuration  was  eliminated  for  weight 
reasons  even  though  Its  cost  seemed  promising.  The  surviving  Weldbond,  Virgin  Plank, 
and  Tapered  Shingle  designs  were  then  costed  more  extensively  along  the  lines  discussed 
below . 

Initially,  manufacturing  plans  were  formulated  for  each  selected  configuration,  the 
baseline,  and  the  updated  baseline.  Section  IX  identifies  the  manufacturing  processes 
and  sequence  of  manufacturing  operations.  Working  within  this  manufacturing  plan 
cost  estimates  for  each  major  structural  component  were  developed  for  the  selected 
configurations,  the  baseline,  and  the  updated  baseline.  These  estimates  were  based 
on  o  step-by-step  detail  analysis,  using  actual  material  requirements  and  standard 
labor  data.  The  total  structural  cost  of  each  configuration  was  developed  by  substi¬ 
tuting  the  cost  of  the  redesigned  sub-components.  Figure  1 02 is  a  typical  flow  chart  of 
activities  required  to  develop  the  cost  of  candidate  configurations. 

Detailed  estimates  for  the  redesigned  sub -components  were  established  by  analysis  of 
the  direct  material  and  labor  requirements  to  produce  the  designs  In  accordance  with 
the  manufacturing  plan  developed  herein. 

Raw  material  requirements  were  established  from  the  fabrication  requirements.  For 
other  material  items  contributing  significantly  to  cost,  such  as  fasteners,  detailed  costs 
were  determined  by  port  count.  For  the  most  part,  material  costs  were  estimated  using 
standard  Lockheed  pricing  practice.  In  some  cases,  vendor  quotations  and  Lockheed- 
Georgia  inventory  cost  reports  were  used. 


186 


TTTTTTTTTTTTTTTTTTTTTTTTTTTTTTT 

BASELINE  UPDATE 


z 

o 

O 

LU 

go 

< 

m 


ft  5 

o  x  Z 
uOO 

o  m 
z  o 
z 


3 


=> 

U 

LU 


U 

3 

I — 

go 


'O 


z 

o 

h- 

< 

Q£L 

3 

o 

LL. 

z 

o 

u 


187 


FIGURE  101  COST  COMPARISON  OF  CONFIGURATIONS 


FIGURE  102  COST  DEVELOPMENT  PROCEDURE 
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Based  on  the  manufacturing  plan,  the  production  labor  requirements  were  developed 
by  using  Lockheed  estimating  standards  along  with  appropriate  realization  factors  and 
learning  curves  for  quantity  consideration  *  For  sheet-metal  fabrication,  machining, 
processing,  welding,  and  bonding,  Lockheed -Georgia  time  standards  data  were  used, 
supplemented  by  standard  cost  handbooks  from  other  Lockheed  facilities.  For  the  more 
advanced  structures  using  weldbonding  and  composites,  standard  data  developed  at 
Lockheed -Georg  la  for  those  processes  and  materials  were  used. 

Tooling  estimates  for  each  configuration  were  made  on  the  basis  of  those  tooling 
concepts  related  to  the  manufacturing  plan,  number  of  parts  and  individual  tools 
required,  major  assembly  tools  involved  such  as  bonding  fixtures  or  large  machining 

tools,  and  degree  of  tooling  development  required. 

11*3  COSTS  OF  RECOMMENDED  ADP  DESIGNS 

Cost  estimates  for  the  baseline,  baseline  update,  and  the  final  three  ADP  design 
configurations  are  summarized  in  Table  XXVII  for  the  complete  inner  wing  box. 

Costs  presented  cover  initial  design  engineering,  initial  tooling,  and  recurring  pro¬ 
duction  labor,  material,  and  quality  assurance.  Table  XXVIII  is  a  further  cost 
breakdown,  wherein  apportionment  of  recurring  cost  is  made  in  accordance  with  the 
sub-component  breakdown  for  each  of  the  ADP  designs,  the  baseline,  and  the  base¬ 
line  update  configurations.  The  non-recurring  cost  is  not  broken  down;  therefore, 
it  is  not  identified  with  the  sub- components  and  is  only  presented  in  Table  XXVII, 

Costs  presented  are  estimates  derived  by  progressive  iterations  considering  the 
latest  refinements  in  design  details  and  manufacturing  plans*  Figures  103,  104, 
and  105  show  for  the  Weldbond,  Virgin  Plank,  and  Tapered  Shingle  Configurations, 
respectively,  typical  examples  of  the  cost  savings  features  associated  with  the  ADP 
designs.  These  and  other  cost  features  are  discussed  below, 

11*3.1  Weldbond  Design 

In  this  design,  significant  cost  savings  over  the  baseline  are  obtained  in  the  spanwise 
splices,  ribs,  rib  cap  attachment  to  the  covers,  and  spar  cap  attachment  to  the  covers. 
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COST  BREAKDOWN  -  THREE  SELECTED  DESIGNS 
INNER  WING  BOX  COMPLETE _ 
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TABLE  XXVIII 


ITEMIZED  STRUCTURAL  COSTS  -  BASELINE  AND  SELECTED  CONFIGURATIONS 


CUMULATIVE  AVERAGE  FOR  100  AIRCRAFT 


CONFIGURATION 

BASELINE 

UPDATED 

BASELINE 

WELDBOND 

VIRGIN 

PLANK 

TAPERED 

SHINGLE 

SURFACES 

46,885 

49,462 

46,951 

50,428 

23,423 

SPANWISE  SPLICES 

28,950 

28,950 

8,892 

24,370 

17,653 

CHORDWISE  SPLICES 

446 

1,440 

12,763 

1,440 

10,137 

RIBS 

20,336 

22,089 

16,365 

22,089 

23,913 

RIB  ATTACHMENT 

55,514 

56,409 

37,431 

24,033 

16,863 

SPARS 

22,655 

22,706 

18,532 

29,663 

22,152 

SPAR  ATTACHMENT 

14,030 

14,925 

8, 123 

8,123 

8,346 

BULKHEADS  AND 

CLOSURE  RIBS 

8,716 

8,716 

6,685 

9,618 

6,507 

SURGE  &  VENT  BOX, 

PYL  FTGS,  ACCESS 

DOORS,  PAINT  &  SEAL 

10,119 

20,398 

20,398 

20,398 

20,398 

STRINGER  RUNOUTS 

- 

- 

(1)  4,043 

— 

- 

SURFACE  CUTOUTS 

- 

- 

- 

— 

(2)  2,216 

QUALITY  ASSURANCE 

15,829 

17,227 

14,625 

12,735 

11,176 

TOTAL  RECURRING  COST 
($) 

223,480 

242,322 

194,808 

202,897 

162,784 

(1)  Stringer  close  out  member  at  Front  beam  —  not  required  with  integrally 
stiffened  designs. 

(2)  Reinforcing  pads  bonded  to  net  extruded  skin  panels  —  not  required  where 
skins  are  machined. 
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BASELINE  (S  242,  322) 

11  PANELS 

45,  048#/AIRCRAFT 


$  19,731/AIRCRAFT 


10,040  TAPERLOKS 
15,080"  SPANWISE  JOINT 
S  1.92 /IN, 

S  28, 950 /AIRCRAFT 


RIB  ATTACHMENT 
7040  CLIPS 
21,  120  HILOKS 
$  56, 409 


WELDBOND  ($  194,808) 

4  PANELS 

19,  723  #/A  IRC  RAFT 


$  28,851/AIRCRAFT 


3770  IN. 

$  0.09/IN. 

$  354/AIRCRAFTT 


0  CLIPS 

8320  FASTENERS 
4352  SHIMS 
$  37,431/AIRCRAFT 


FIGURE  103  COST  COMPARISON  -  WELDBOND  DESIGN 
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BASELINE  ($  242,322) 

11  PANELS 

45, 048  VAIRCRAFT 


1540  HOURS 
$  19,731/AIRCRAFT 


10,040  TAPERLOKS 
15,080"  SPANWISE  JOINT 
S  1.92 /IN. 

$  28, 950 /AIRCRAFT 


RIB  ATTACHMENT 
7040  CLIPS 
21, 120  HILOK5 
$  56, 409 


VIRGIN  PLANK  ($  202,  897) 

8  PANELS 

45, 048#/AIRCRAFT 


$  16,  237/AIRCRAFT 


6024  HILOKS 
9050" 

$  2.69/IN. 


$  24, 033 


FIGURE  104  COST  COMPARISON  -  VIRGIN  PLANK  DESIGN 
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BASELINE  (S  242,322) 

H  PANELS 

45, 048#/AIRCRAFT 


1540  HOURS 
i  19,731/AIRCRAFT 


10,  040  TAPERLOKS 
15,080"  S PANWISE  JOINT 
S  1 ,92 /IN. 

S  28,  950  /AIRCRAFT 


RIB  ATTACHMENT 
7040  CLIPS 
21,  120  H1LOKS 
S  56,  409 


TAPERED  SHINGLE  ($  162,784) 

33  PANELS 

12, 855  #/AIRC  RAFT 


601  HOURS 
$  7,  700/AIRCRAFT 


27, 747  FASTENERS 
34,  684" 

5  0.51/IN. 

$  17,653/AIRCRAFT 


0  CUPS 

3456  FASTENERS 
$  16,863/AIRCRAFT 


FIGURE  105  COST  COMPARISON  -  TAPERED  SHINGLE  DESIGN 
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The  weldbonded  spanwise  splices  show  substantial  savings  over  the  baseline  primarily 
because  of  a  reduction  of  75%  in  the  number  of  splices.  Also,  a  significant  material 
cost  for  TaperLok  fasteners  is  eliminated.  Rib  costs  are  reduced  by  building  the  ribs 
up  in  a  sub-assembly  using  multi-drilled  tooling  for  installing  aluminum  rivets  which 
replace  the  more  costly  HI-Loks  of  the  baseline.  Rib  cap  attachment  cost  savings 
accrue  from  the  elimination  of  clips  and  a  reduction  in  Hi-Lok  fasteners  brought  about 
by  the  decreased  number  of  rib  cap/stiffener  intersections.  Cost  savings  are  realized 
in  the  spar  cap  attachment,  since  the  bonded  clamped  joint  uses  only  a  small  percent 
of  the  high-cost  fasteners  used  in  the  mechanical ly  attached  baseline  joint.  However, 
part  of  this  cost  saving  is  offset  by  the  addition  of  machined  splice  plates  and  metal 
bonding . 

Material  cost  savings  in  the  covers  are  offset  by  the  cost  of  additional  labor  required 
to  fabricate  and  attach  the  separate  stringers  to  the  skin.  Chordwise  splices  and 
stringer  run-outs  are  cost  penalties  to  this  configuration  primarily  because  of  addi¬ 
tional  parts  required  compared  to  the  updated  baseline.  Other  structural  elements  are 
essentially  the  same  cost  as  the  baseline. 

ii  .3.2  Virgin  Plonk  Design 

In  this  configuration,  significant  cost  savings  result  in  the  rib  attachment  and  spar 
attachment.  The  non -penetrating  rib  cap  to  cover  clip  is  inherently  less  expensive 
than  the  baseline,  since  the  number  of  high  cost  Hi-Lok  fasteners  In  each  clip  Is 
reduced  by  one -third.  An  additional  saving  results  from  a  reduction  in  the  number  of 
clips  and  associated  HI-Loks.  This  comes  from  the  increased  panel  riser  spacing.  The 
spar  cap  attachment  is  the  same  as  for  the  Weldbond  design. 

Labor  savings  in  fabrication  of  the  covers  results  from  the  reduced  number  of  panels, 
but  these  savings  are  offset  by  increased  material  costs  for  the  riser  shape  and  alloy 
change.  Cost  savings  ore  realized  from  a  decrease  in  the  number  of  spanwise  splices 
even  though  the  cost  per  splice  Is  slightly  more  for  the  bonded  clamped  design  used 
here . 

Spar  cost  is  greater  for  the  forged  spar  over  the  built-up  baseline  design  because  86% 
of  the  purchased  forging  material  is  subsequently  machined  away.  Advancements 
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in  forging  equipment-  and  technology  will  show  dramatic  cost  benefits  in  the  spar* 

Other  structural  elements  have  essentially  the  same  cost  as  the  baseline. 

11,3.3  Tapered  Shingle  Design 

This  design  offers  the  highest  total  cost  savings  of  the  three  recommended  designs. 

Savings  result  In  the  covers,  spanwise  splices,  rib  attachment,  and  spar  attachment. 

Cost  savings  in  the  covers  come  from  the  Tapered  Shingle  design,  which  uses  net 
extrusions  to  eliminate  practically  all  costly  machining  operations  and  replaces  them 
with  simple  profiling.  Material  cost  is  also  substantially  reduced.  Spanwise  splices  are 
increased  in  number,  but  on  overall  savings  is  realized  through  the  use  of  automated 
stress -wave  riveting . 

Two  factors  contribute  to  reduced  rib  cap  attachment  costs: 
o  Elimination  of  separate  clips; 

o  Fifty  percent  reduction  in  rib  cap  attachment  fasteners  (from  decreased  number 
of  rib  cap/stiffener  intersections  and  dual  use  of  some  spanwise  splice  fasteners 
to  attach  rib  cap  flanges). 

A  savings  in  spar  attachment  costs  results  from  the  use  of  stress-wave  rivets  in  lieu  of  more 
costly  TaperLoks. 

Chordwise  splices,  ribs,  and  surface  cutout  areas  are  cost  penalties  in  this  configuration 
primarily  because  of  additional  parts  required.  Rib  truss  diagonals  are  three-piece 
Instead  of  one-piece,  and  chordwise  splices  and  cutouts  require  doublers  as  well  as 
additional  rivets.  Other  structural  elements  are  essentially  the  same  cost  as  the 
baseline . 
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SECTION  XII 
CONCEPT  EVALUATION 


12.1  MERIT  RATING  SYSTEM 

The  method  of  concept  evaluation  considers  a  merit  rating  system  which  recog¬ 
nizes  the  Important  performance  characteristics  of  a  structural  design  Including 
efficiency  (cost  and  weight).  Integrity,  reliability,  and  other  practical 
considerations*  Since  a  prime  objective  of  the  ADP  programs  Is  technology 
advancement,  this  aspect  is  also  evaluated  and  given  considerable  weight  in 
the  overall  concept  evaluation  process.  A  complete  breakdown  of  the  merit 
rating  system  is  shown  in  Table  XXIX* 

12.2  EVALUATION  CRITERIA 

Candidate  designs  were  evaluated  using  the  rating  system  (Table  XXIX). 

Four  major  components  of  structure  were  considered  for  each  design:  upper 
cover,  lower  cover,  ribs,  and  spars*  The  different  splicing,  joining,  and 
assembly  methods  were  handled  as  sub-variations  of  the  basic  configurations 
such  that  relative  advantages  or  disadvantages  of  these  methods  could  be 
separated  in  the  final  evaluation. 

The  scoring  of  candidate  concepts  was  conducted  by  specialists  in  the  respective 
disciplines*  Scores  were  assigned  relative  to  the  updated  baseline  configuration, 
which  was  assumed  to  have  a  score  of  10, 

The  evaluation  criteria  used  to  score  the  major  performance  parameters  are 
discussed  below* 

12*2*1  Structural  Efficiency  -  Cost  and  Weight 

The  costs  of  ADP  designs  were  derived  from  considerations  of  the  manufacturing 
processes  involved,  materials  usage,  fastener  types  and  numbers,  parts  count, 
and  other  significant  variables.  Designs  were  scored  on  a  relative  basis,  with 
those  showing  the  largest  savings  given  a  maximum  score*  Designs  whose 
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aggregate  component  costs  significantly  exceeded  baseline  costs  (by  20%  or 
more)  were  eliminated. 

Similarly,  designs  with  weight  savings  of  10%  were  given  maximum  scores 
while  those  weighing  more  than  1.1  times  baseline  were  considered  un¬ 
acceptable. 

12.2.2  Technology  Advancement 

Ratings  for  technology  advancement  considered  those  aspects  of  each  design 
which  gave  substantial  promise  of  advancing  the  state  of  the  art  of  structural 
design.  Factors  included  the  use  of  advanced  materials  and  processes,  new 
and  innovative  design  concepts,  new  manufacturing  and  tooling  approaches, 
and  unique  methods  of  meeting  fracture  design  requirements. 

A  high  score  in  this  category  usually  connotes  an  element  of  risk  when 
compared  with  more  conventional  design  approaches. 

12.2.3  Integrity  and  Reliability 

Since  structural  requirements  were  considered  inviolate  for  all  designs,  the 
scoring  of  integrity  and  reliability  was  based  largely  on  the  potential  of 
each  design  to  meet  these  objectives  with  a  high  level  of  confidence.  Some 
of  the  factors  considered  were  the  general  design  arrangement,  design  com¬ 
plexity,  materials  properties  and  application,  reliability  of  materials  processing 
and  fabrication,  and  fracture  concepts. 

12.2.4  Abilities 

The  "abilities"  score  was  derived  from  a  careful  review  of  ADP  designs  in  which 
a  comparison  was  made  with  conventional  designs  whose  performance  charac¬ 
teristics  were  proven  by  service  experience.  As  in  the  other  evaluations,  a 
score  of  10  was  assumed  For  the  baseline  configuration. 
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Material  alloys  and  finishes,  internal  structure  arrangement,  and  splicing 
concepts  were  some  of  the  important  factors  which  determined  accessibility 
for  inspection,  practicability  of  maintenance  and  repair,  and  overall 
manufacturability, 

12.3  CONFIGURATIONS  SUBJECTED  TO  ADP  EVALUATION  CRITERIA 

A  comprehensive  matrix  of  cover  and  substructure  designs  was  subjected  to  ADP 
evaluation  criteria.  These  designs  embodied  a  variety  of  structural  configura¬ 
tions  which  used  advanced  aluminum  and  titanium  alloys.  Composites  were  also 
used  but  primarily  for  reinforcement  of  basic  metallic  designs.  Table  XXX 
summarizes  the  designs  analyzed,  A  more  detailed  description  of  each  design  is 
contained  In  Section  V. 

12.4  CONCEPT  SCORING  AND  SELECTION  OF  THREE  RECOMMENDED  DESIGNS 

The  scoring  of  designs  subjected  to  ADP  evaluation  is  summarized  in  Table 
XXXI,  The  Sandwich  configuration  Is  the  only  design  with  an  indicated  merit 
rating  less  than  baseline,  although  the  Monolithic  design  shows  only  a  slight 
advantage.  It  should  be  noted  that  the  Lockskfn  and  Composite  11  Hat"  designs 
have  excellent  overall  merit  ratings  but  were  dropped  when  it  become  evident 
that  they  would  not  meet  the  cost  objective  established  for  the  program. 

The  remaining  four  configurations  show  roughly  equivalent  merit  ratings  and  are 
justifiable  recommended  designs.  The  "Hat”  stringer  configuration,  however, 
is  actually  quite  similar  to  the  A-stringer  Weldbond  concept  and  has  some  dis¬ 
advantages  that  are  not  presented  by  the  A-stringer  Weldbond  configuration .  One 
of  these  pertains  to  corrosion  protection  and  inspection  of  blind  areas  within  the 
"hat"  section  stringer.  This  led  to  the  selection  of  the  A-stringer  Weldbond  os 
the  preferred  design.  This  design,  together  with  the  Virgin  Plank  and  the 
Tapered  Shingle,  comprise  the  three  recommended  designs. 
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CONFIGURATIONS  SUBMITTED  TO  ADP  EVALUATION  CRITERIA 
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MERIT  RATING  SUMMARY  OF  CANDIDATE  CONCEPTS 
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12.5  CONCEPT  TEST  VERIFICATION 


Several  new  design  concepts  embodied  in  the  three  recommended  designs  were 
verified  by  component  tests  during  the  Phase  IA  program.  The  more  significant 
concepts  are  described  below,  (For  more  specific  results,  see  Appendix  II.) 

12.5. 1  "A" Stringer  Rib/Cover  Shear  Transfer  Capability 

A  segment  of  rib  cap  was  directly  attached  to  an  "A"  stringer  stiffened  skin 
panel  through  tabs  provided  in  the  "A"  stringer  (no  shear  clips),  and  a  shear 
load  applied  between  the  cap  and  skin.  A  shear  transfer  capability  equiva¬ 
lent  to  the  most  stringent  requirements  of  the  baseline  was  verified  by  this 
test, 

12.5.2  Non-Penetrating  Clip  Load  Transfer  Capability 

A  test  similar  to  that  described  in  Section  12,5.1  above  was  conducted  using 
a  rib  cap/cover  panel  joined  only  by  non-penetrating  clips.  Results  showed 
excellent  shear  load  transfer  capability  through  the  N-P  clips,  and  the 
feasibility  of  this  design  for  all  but  the  most  highly  loaded  ribs  was 
established. 

12.5.3  Non-Penetrating  Clip  Fretting  Resistance 

A  simulated  rib  cap  was  attached  to  a  segment  of  skin  panel  using  the  N-P 
clips  described  above.  The  panel  was  subjected  to  spectrum  fatigue  loading, 
while  a  constant  normal  load  (simulating  net  air  loads  and  crushing  pressures) 
was  applied  between  the  panel  and  rib  cap.  At  the  end  of  one  test  lifetime, 
the  panel  was  disassembled  and  inspected.  No  fretting  was  apparent  in 
either  the  skin  panel  or  the  clips. 

12.5.4  Bonded/Clamped  Spanwise  Splice  Fatigue  Resistance 

The  bonded/clamped  spanwise  splice  design  shown  in  Figure  31  was  developed 
too  late  to  be  included  in  the  concept  component  fatigue  test  program,  but 
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tests  of  similor  configurations  conducted  under  other  Lockheed  R&D  programs 
have  proven  the  feasibility  of  this  concept. 
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SECTION  XII! 


CONCLUSIONS  AND  RECOMMENDATIONS 

The  conclusions  and  recommendations  drawn  from  the  Phase  I A  study  program  are 

presented  here. 

13.1  CONCLUSIONS 

1 .  Through  the  use  of  innovative  design  concepts,  advanced  materials,  and 
improved  manufacturing  technology,  it  is  feasible  to  obtain  substantially 
improved  fatigue  performance  of  primary  wing  structure  while  saving  both 
weight  and  cost. 

2.  Although  the  requirements  of  the  new  damage  tolerance  criteria  outlined  in 
the  "Proposed  USAF  Damage  Tolerance  Criteria,"  dated  18  August  1972,  are 
much  more  stringent  than  past  requirements,  they  do  not  necessarily  rule  out 
the  development  of  balanced  designs  that  recognize  all  structural  requirements. 
However,  to  avoid  penalties,  extra  care  must  be  given  to  the  design  approach 
used,  the  materials  selected,  and  the  choice  of  reasonable  inspection  periods 
and  NDI  procedures. 

3.  The  complexity  of  the  new  damage  tolerance  requirements  of  the  "Proposed 
USAF  Damage  Tolerance  Criteria"  presents  difficulty  in  interpreting  the 
intent  of  the  criteria  and  applying  them  to  a  specific  design. 

4.  The  state  of  the  art  of  applied  fracture  analysis  must  be  substantially  developed 
to  provide  adequate  training  of  industry  and  Air  Force  personnel,  computer  pro¬ 
grams  capable  of  responding  to  damage  tolerance  criteria,  and  a  comprehensive 
test  data  base  Including  panel  test  data  and  basic  fracture  properties. 

5.  Some  of  the  new  design  concepts  evolving  from  the  study  require  considerable 
additional  development  before  they  are  applied  to  production  prototype  pro¬ 
grams.  These  are  listed  in  the  body  of  the  report. 

13.2  RECOMMENDATIONS 

1 .  Develop  the  recommended  designs  presented  herein  through  further  analysis 
and  test  in  subsequent  phases  of  the  ADP  program. 
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2.  Provide  Funding  for  promising  development  programs  which  are  complementary 
to  ADP  program  objectives  in  order  to  maximize  the  benefit  to  be  derived 
from  the  ADP  effort. 

3*  To  provide  for  more  consistent  interpretation  of  damage  tolerance  require¬ 
ments,  consider  simplifying  existing  criteria  by  writing  a  more  condensed 
general  specification  applicable  to  all  new  airframe  systems.  Write  into  this 
specification  a  requirement  for  establishing  more  specific  criteria  for  each 
airplane  project. 

4.  Initiate  efforts  to  identify  total  needs  with  regard  to  fracture  analysis  tech¬ 
nology,  and  proceed  to  outline  o  long-range  program  which  will  close  the  gap 
in  the  state  of  the  art  of  this  new  technology  field.  Some  of  the  more  obvious 
needs  include: 

o  Training  -  the  indoctrination  of  more  prople  in  fundamentals  of  fracture 
technology,  terminology,  and  objectives,  particularly  working  level 
people.  At  present,  there  is  an  industry-wide  shortage  of  personnel 
qualified  to  perform  fracture  work.  More  effective  information  trans¬ 
fer  would  be  helpful  in  this  regard. 

o  Analysis  methods  -  the  continued  development  of  fundamental  concepts 
to  analyze  fracture  of  materials  and  structures.  Finite  element  analy¬ 
ses,  particularly  those  Incorporating  the  higher  order  cracked  finite 
elements,  should  receive  heavy  emphasis  since  these  methods  not  only 
provide  solutions  to  complex  classical  problems  but,  more  importantly, 
provide  a  suitable  approach  to  the  analysis  of  actual  hardware  designs. 

o  Test  data  -  the  development  of  a  sufficient  quantity  of  basic  materials 
fracture  data  (MIL-HDBK-5,  "A11  and  “B51  type  values)  to  adequately 
account  for  scatter,  and  sufficient  damage  tolerance  tests  of  full  scale 
structure  to  evaluate  effectiveness  of  analysis  technology  and  the 
manner  by  which  the  technology  is  implemented  In  the  development  of 
new  structure. 
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APPENDIX  I 


PRELIMINARY  DESIGN  DRAWINGS 

This  appendix  contains  genera  I -arrangement  drawings  of  the  eight  basic  configurations 
developed  during  this  program. 

Additional  preliminary  design  layouts  were  made  of  the  various  concepts,  but  these 
are  not  included  in  this  report,  as  all  relevant  information  has  been  incorporated 
Into  the  general  arrangement  drawings. 


Drawing  Number 

Poge 

Title 

ADP  1020 

209 

General  Arrangement  -  Inner  Wing  Structure,  "A" 

Frame  Stringer,  Configuration  1  -  Weldbond 

A  DP  1021 

211 

Inner  Wing  Structure  -  Hat  Section  Stringer 

Design  -  Configuration  2 

ADP  1022 

213 

General  Arrangement  -  Inner  Wing  Structure  - 

Lockskin  Zee  Stringer  &  Sine  Wave  Spar  - 

Configuration  3 

ADP  1023 

215 

Inner  Wing  Structure  -  Monolithic  Design  - 

Configuration  4 

ADP  1024 

217 

Inner  Wing  Structure  -  Honeycomb  Sandwich 

Design  -  Configuration  5 

ADP  1025 

219 

Inner  Wing  Structure  -  Composite  Hat  Design  - 

Configuration  6 

ADP  1026 

221 

General  Arrangement  -  Inner  Wing  Structure  - 
Integral  Stiffened  Skin  Panels  and  Non-penetrating 
Clip  -  Configuration  7  -  Virgin  Plank 

ADP  1027 

223 

General  Arrangement  -  Inner  Wing  Structure  -  Net 

Extrusion  Skin  Panels  -  Configuration  8  -  Tapered 
Shingle 
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APPENDIX  II 


SUMMARY  OF  TEST  RESULTS 

The  results  of  materials  development  and  component  tests  conducted  in  the 
Advanced  Cargo/Tanker  Structures  Phase  IA  Preliminary  Design  Study  by  the 
lockheed-Georgia  Company  are  presented  here.  Materials  development  tests 
include  tests  of  7050-T73  and  -T76  advanced  aluminum  alloy  in  plate  and 
extrusion  form,  and  tests  of  Ti-6AI  -2Sn-2Zr-2Mo-2Cr-0.255i  and  Ti-6A1-6V- 
2Sn  plate  in  several  tempers.  The  former  is  an  advanced  titanium  alloy  being 
developed  under  Air  Force  Contract  F336I5-72-C-1 1 52.  Component  tests 
include  static,  fatigue,  and  damage  tolerance  tests  of  promising  structural 
concepts  developed  during  the  study. 

MATERIALS  PROPERTIES  TESTS 
Purpose 

The  purpose  of  the  material  properties  tests  was  to  obtain  preliminary  design 
data  for  use  in  the  Phase  IA  Preliminary  Design  of  the  Cargo/Tanker  Structures 
Program, 

Test  Requirements 

Requirements  for  the  materials  tests  are  presented  in  Table  XXXII.  Numerals 
opposite  each  type  of  test  indicate  the  number  of  test  specimens  for  each 
material  alloy  and  temper. 

Tests  were  performed  in  accordance  with  applicable  Military  Specifications,  the 
Air  Force  Structural  Integrity  Program  (ASIP),  and  the  ASTM  Standards.  Data 
are  of  a  form  appropriate  for  inclusion  in  MIL-HDBK-5  and  the  Damage  Tolerance 
Design  Handbook,  MCIC-HB-01 . 
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Material  Test  Parameters 


Table  XXXIII  presents  the  important  material  test  parameters,  including 
material  alloy  and  temper,  product  form  and  size,  heat-treat  and  process 
procedures,  lot  designation,  test  temperature,  and  test  environment. 
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TABLE  XXXII 
MATER IAIS  TEST  PLAN 
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PERFORMED  AT  95%  RH 
(*}  120  CPM  FOR  ALUMINU 


TABLE  XXX  ill 

SUMMARY  OF  MATERIALS  TEST  PARAMETERS 
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(4)  MIL-T-9O46F,  Type  III,  Composition  E 

(5)  Beta  Annealed  (1800°F  -  £  Hr.  -  AC)  before  Heat  Treatment 

(6)  1575 “F  -  £  Hr.  -  WQ  +  1050°F  -  8  Hr.  -  AC 


TEST  PROCEDURES  AND  RESULTS 


Tensile  Tests 

Tensile  property  data  for  all  materials  were  obtained  using  the  specimen  shown  in 
Figure  106.  This  configuration  conforms  to  the  requirements  of  ASTM  Method  E8, 
"Tension  Testing  of  Metallic  Materials."  Testing  procedures  outlined  in  E8 
were  also  followed. 

A  constant  strain  rate  of  0.006  Inch  per  inch  per  minute  was  maintained  until  0.2 
percent  offset  yield  stress  was  reached.  From  yield  to  failure,  a  head  travel 
rate  of  0. 1  inch  per  minute  was  held.  Tensile  test  results  are  presented  in 
Table  XXXIV. 

Compression  Tests 

The  compression  test  specimen  is  shown  in  Figure  107.  A  special  fixture  which 
provided  lateral  support  to  prevent  buckling  was  used  for  the  compression 
specimens,  A  constant  strain  rote  of  0.006  inch  per  inch  per  minute  was  main¬ 
tained  . 

Loading  at  this  rate  was  continued  until  a  load-deformation  curve  was  recorded 
from  which  and  F  g,.  was  obtained.  Compression  test  results  are  presented  in 
Table  XXXIV. 

Shear  Tests 

Shear  strength  was  determined  for  the  various  materials  using  the  specimen 

shown  in  Figure  108.  A  special  fixture  was  used  to  facilitate  loading  the  specimen 

in  double  shear.  The  specimen  was  indexed  to  allow  application  of  shear 

relative  to  a  known  grain  direction.  Shear  test  results  are  presented  in  Table  XXXIV. 

Bearing  Tests 

Bearing  tests  were  performed  using  the  specimen  shown  in  Figure  109,  The 
test  section  was  sandwiched  between  ground  steel  plates  having  bearing  pin 
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holes  in  one  end  and  loading  holes  in  the  other.  The  plates  also  had  two 
clamping  holes  to  allow  the  specimen  to  be  snugly  sandwiched  between  the 
plates  using  clamping  bolts.  A  shim,  equal  to  the  specimen  thickness,  was 
inserted  between  the  plates  to  prevent  excessive  clamping,  and  the  force  re¬ 
quired  to  withdraw  the  specimen  did  not  exceed  approximately  five  pounds. 

Snug  fitting  bearing  pins  of  high-strength  steel  were  used. 

Bearing  load  was  applied  to  give  a  constant  deformation  rate  of  approximately 
0.008  inch  per  minute  to  yield  as  controlled  with  a  strain-rate  pacer  driven 
by  the  extensometer,  This  value  was  selected  since  it  generally  resulted  in 
reaching  bearing  yield  stress  in  about  the  same  lapsed  time  as  that  required 
to  reach  tensile  yield  stress.  After  bearing  yield  was  reached,  the  head 
travel  of  the  testing  machine  was  adjusted  to  0.1  inch  per  minute, 
was  determined  at  a  permanent  deformation  of  two  percent  of  the  bearing 
pin  diameter*  Bearing  test  results  are  presented  tn  Table  XXXIV. 

Fatigue  Tests 

All  fatigue  tests  were  performed  under  axial  load  conditions  for  theoretical 
stress  concentration  factors  of  3  and  5.  For  the  titanium  alloys,  round  specimens 
as  shown  in  Figure  1 10  were  tested.  Flat  specimens  as  shown  in  Figure  11 1 
were  used  for  the  aluminum  alloys.  Fatigue  test  results  are  presented  in  Table 
XXXV* 

Crack  Growth  Tests 

Crack  growth  tests  for  development  of  da/dN  curves  were  performed  at  □  stress 
ratio  (R)  of  0.10  using  the  compact  tension  specimen  shown  in  Figure  112.  The 
stress  intensity  function  of  W*  K.  Wilson  in  Reference  11  was  used,  thereby 
allowing  a  complete  curve  to  be  obtained  from  a  single  specimen, 

A  center  crack  specimen,  shown  in  Figure  1  13,  was  used  for  spectrum  tests. 
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TYPE  II  SPECIMEN  (Kt  =  5)  R  -0.004  +  0.0005 

FIGURE  110  AXIAL  LOAD  FATIGUE  SPECIMENS 
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LONGITUDINAL  GRAIN 


5.25 
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2.000 


■0.250 


SPECIMEN 

kt 

D 

R+0,001 

TYPE  1 

3 

0.425 

0.094 

TYPE  II 

5 

0.350 

0.031 

FIGURE  1 1 1  RECTANGULAR  FATIGUE  SPECIMEN 
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The  test  area  on  all  specimens  was  polished  to  enhance  crack  observation; 
reference  lines  were  applied  at  a  spacing  of  0.010  inch  to  reference  crack 
growth  when  observed  through  a  variable  power  binocular  microscope.  Test¬ 
ing  was  performed  in  two  environments:  humid  air  (95  to  100  percent  relative 
humidity),  and  an  aqueous  solution  containing  3.5  percent  NaCI  by  weight. 
Humid  air  was  produced  by  bleeding  ambient  air  through  a  wash  bottle 
containing  distilled  water  into  a  chamber  of  clear  acrylic  placed  around  the 
specimen.  The  NaCI  was  applied  by  placing  a  wetted  wick  In  the  chamber  and 
attaching  it  to  the  back  of  the  specimen. 

Crack  growth  test  results  are  presented  in  Figures  1 17  through  131 . 

Fracture  Tests 

K.  -  These  tests  were  performed  in  accordance  with  ASTM  390  using  the 
Ic 

compact  tension  specimen  configuration  shown  in  Figure  114,  The  chevron 
starter  notch  option  was  employed,  and  the  thickest  specimen  possible  from  the 
available  materials  was  used. 

K  -  Plane  stress  tests  were  performed  using  the  general  specimen  configura- 
c 

tion  shown  in  Figure  115.  Two  different  thicknesses  were  tested  for  each 
material.  After  precracking  in  fatigue,  the  specimens  were  loaded  to  failure 

while  crack  extension  was  recorded  on  movie  film  to  aid  in  calculating  K  . 

c 

^Iscc  **  ^enc®  specimens  conforming  to  ASTM  390  were  used  for  these  evalua¬ 
tions,  After  precracking  In  fatigue,  the  specimens  were  loaded  in  four-point 
bending  by  special  fixtures  assembled  in  a  creep-rupture  testing  machine. 
Environment  for  the  tests  consisted  of  an  aqueous  solution  of  3  1/2  percent 
NaCI  by  weight.  The  specimen  design  Is  shown  in  Figure  116, 

Fracture  test  results  are  presented  in  Table  XXXI V, 
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TABLE  XXXIV 


SUMMARY  OF  MATERIALS  STATIC  TEST  RESULTS 


HATER  LA  L 
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6Al-67*2Sn 
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EXTRUSION 
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7/16  INCH 

5/S 
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5/8  INCH 
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ST 
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SPECIMEN 

*tu  i 
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65-0 

62.0 

84.I 
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2 
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65*2 

82*7 

84*5 

U6.0 
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3 

60*0 
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04  *a 
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A 

60,0 

65-2 

63*4 

65*4 
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5 

79*6 

65.6 

05.0 

85*2 

175*7 

I66.5 

F  HI  L 

1 

69*7 

76*5 

74*3 

77*2 

159*3 

148,7 

155.4 

£ 

70*2 

76*4 

72.6 

76*8 

155-5 

147*9 

156.4 

3 

69*8 

76*6 

74*4 

77*5 
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147*9 

155-6 

4 

69*3 

76*6 

74*5 

77*5 
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5 

69*6 

78*6 

74*7 

77*3 

156*5 
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Fsy  Hi  l 

i 

67*9 

78.2 

74.0 

78*2 

170*6 
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2 

7*.7 

- 

152-1 

Fbu  kai  LT 

1 

50*3 

53*9 

43*4 

43*4 

116. 9 

115*1 

112.9 

2 

46.2 
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114*2 

•W  k>1  1 

1 

145*0 
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152*6 

146*7 

310*0 

304*0 

J21.0 

a/D  -  2-0 

2 

149*5 
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299.0 

P>ry  tol  1 

e/D  -  2.0 

1 

108,0 

116,0 

110*4 

112*5 

247.0 

251*0 

249*0 

2 

112*6 

264.0 

249-0 

e  percent  L 

1 

14 

12 

13 

»5 

13 

14 

6 

2 

IS 

12 

13 

12 

12 

14 

0 

3 

14 

10 

12 

12 

13 

15 

8 
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14 

10 

12 

12 

14 

13 

5 

14 

10 

13 

11 

15 

13 

£t  IQ6  pai  L 

1 

11*5 

TO,  7 

10*7 

10*5 

19.6 

18. 3 

16,8 

2 

10*8 

10*5 

10*8 

12.0 

20.0 

I8.3 

17.7 

3 

11*1 

10*0 

11*8 

11*5 

17*0 

16.0 
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4 
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16.0 

* 
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17* 0 
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F  y  Jtai  L 
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76.4 

TSP.6 
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2 

77.? 
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165. 5 

P  kui  L 

*°7 

1 
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74*3 
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166.2 
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169*4 

2 

75*7 

- 

140*6 

P“ 

£31  TlfT  L 

1 

36.9 

(2) 

54*7 

62. 0 

48  *e 

(Note  1) 

2 

(2) 

36*9 

(?) 

36*8 

54.3 

62*0 

51*3 

3 

- 

- 

57.0 

59*6 

- 

Ke  L 

i 

53*4 

64*8 

95.0 

110*1 

136*6 

90.9 

(Not*  J) 

2 

59.5 

57*3 

88,5 

111*1 

123-5 

72,i 

3 

9**8 

125-6 

159*1 

4 

8o*4 

(5) 

48.6 

“tff 

42*7 

(5) 

45.2 

KIice 

1 

(Note  •() 

2 

(7) 

32,2 

(7) 

41.7 

t5) 

36*5 

3 

(?) 

39*9 

Far  explinitian  or  notes*  see  next  p4*f . 
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FIGURE  1 17  CRACK  GROWTH  OF  7050-T7351  ALUMINUM  PLATE 
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FIGURE  118  CRACK  GROWTH  OF  7050-T7351  ALUMINUM  PLATE 
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FIGURE  1 19  CRACK  GROWTH  OF  7050-T7651  ALUMINUM  PLATE 
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FIGURE  120  CRACK  GROWTH  OF  7050-T7651  ALUMINUM  PLATE 
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FIGURE  121  CRACK  GROWTH  OF  7050-T73511  ALUMINUM  EXTRUSION 
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FIGURE  122  CRACK  GROWTH  OF  7050-T76511  ALUMINUM  EXTRUSION 
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FIGURE  123  CRACK  GROWTH  OF  7050-T76511  ALUMINUM  EXTRUSION 
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FIGURE  124  CRACK  GROWTH  OF  T1  6-6-2  STOA  PLATE 
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FIGURE  125  CRACK  GROWTH  OF  Tl  6-6-2  STOA  PLATE 
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FIGURE  126  CRACK  GROWTH  OF  T1  6- 2- 2- 2-2  ST  PLATE 
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FIGURE  127  CRACK  GROWTH  OF  Tl  6-2- 2-2-2  ST  PLATE 
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FIGURE  128  CRACK  GROWTH  OF  Tl  6-2- 2- 2-2  STA  PLATE 
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FIGURE  130  SPECTRUM  CRACK  GROWTH  -  7050-T73  &  T76 
EXT.  -  95$  RH 


FIGURE  131  SPECTRUM  CRACK  GRCWTH  -  7050-T73  &  T76 
PLATE  -  95“t  RH 
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STATIC  COMPONENT  TESTS 


PURPOSE 

The  overall  purpose  of  the  static  component  tests  was  to  determine  feasibility  of 
structural  configurations/concepts.  The  specific  purpose  of  each  test  is  given  in 
Table  XXXVI. 

TEST  DESCRIPTIONS  AND  REQUIREMENTS 

The  descriptions  and  requirements  of  the  static  component  tests  are  given  in 
Table  XXXVI  and  Figures  132  through  135. 

TEST  RESULTS 

Results  of  the  static  component  tests  are  summarized  in  Table  XXXVII.  Figures  136 
through  152  show  photographs  of  test  specimens,  test  set-ups  and  specimen  failures. 
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STATIC  COMPONENT  TESTS 


256 


NOTES:  1.  ONE  SPECIMEN  REQUIRED  FOR  EACH  TEST  SHOWN  (TOTAL  OF  4). 


SKIN  7075-T6 


SECTION  A-A 


FIGURE  132  RIB  CAP  SHEAR  SPECIMEN 
(N-P  CLIPS) 
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FIGURE  133  RIB  CAP  SHEAR  SPECIMEN 
(WELHBONH  "A"  STRINGER) 
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SECTION  A-A 


FIOTRE  134  RIB  CAP  SHEAR  SPECIMEN 
(WELDBONH  "HAT"  STRINGER) 
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FIGURE  135  CLAMPED  WS  77  CHORDWISE  JOINT  SPECIMEN 
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STATIC  COMPONENT  TEST  RESULTS 
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STATIC  COMPONENT  TEST  RESULTS 
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FIGURE  136  TEST  ARRANGEMENT,  RIB  CAP  TO  COVER  SHEAR 
TEST,  (N-P  CLIP  CONFIGURATION,  ADP  1006) 
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FIGURE  137  NON-PENETRATING  CUP  RIB  CAP/COVER  TEST  SPECIMEN 


FIGURE  138  CLOSE-UP  OF  N-P  CLIP  ATTACHMENT  BETWEEN 
RIB  CAP  AND  COVER 
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FIGURE  T  39  TEST  ARRANGEMENT,  RIB  CAP  TO  COVER  SHEAR  TEST, 

(WELDBOND  "A"  STRINGER  CONFIGURATION,  ADP  1003-103) 
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FIGURE  140  FRONT  AND  SIDE  VIEWS  OF  "A"  STRINGER 
SHEAR  TEST  SPECIMEN  BEFORE  LOADING 
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FIGURE  141  "A"  STRINGER  SHEAR  TEST  SPECIMEN  LINDER  LOAD 
AND  AFTER  FAILURE 
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FIGURE  142  TEST  ARRANGEMENT,  FRONT  AND  SIDE  VIEWS 
RIB  CAP  TO  COVER  SHEAR  TEST  (WELDBOND 
STRINGER  CONFIGURATION,  ADP  1003-101) 


FIGURE  143  WELDBOND  "HAT"  TEST  PANEL  AFTER  FAILURE  (WELDBOND 
BETWEEN  HAT  CROWN  AND  RIB  CAP  PULLED  APART) 
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FIGURE  144  WELDBOND  "HAT"  SPECIMEN  MODIFICATION  (HILOKS 
USED  FOR  ATTACHING  R3B  CAP  TO  HAT  CROWN) 


FIGURE  145  FAILURE  OF  MODIFIED  TEST  PANEL  (WELDBOND 
CONNECTION  AT  SKIN  LINE  FAILED) 


270 


FIGURE  146  CLAMPED  CHORDWISE  SPLICE  TENSION  TEST 
SPECIMEN  (ADP  1005) 


FIGURE  147  CHORDWISE  SPLICE  SPECIMEN  AFTER  FAILURE 
(CIAMPING  BOLTS  FAILED  IN  TENSION) 
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FIGURE  148  TEST  ARRANGEMENT,  SPANWISE  SPLICE  FAIL  SAFE 
SHEAR  TEST  (ADP  1008) 


(a)  Plan  View,  Flush  Side 


(b)  End  View 

FIGURE  149  PLAN  AND  END  VIEWS  OF  BONDED /CLAMPED  SPANWISE 
SPLICE  SHEAR  SPECIMEN  (ADP  1008) 
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FIGURE  150  TEST  ARRANGEMENT,  SPANVISE  SPLICE  FAIL  SAFE 
TENSION  TEST  (ADP  1009) 
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FIGURE  151  INSIDE  SURFACE,  SPANWISE  SPLICE  TENSION 
SPECIMEN  (ADF  1009 ) 
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FIGURE  152  EDGE  VIEW,  SPANWISE  SPLICE  TENSION 
SPECIMEN  (ADP  1009 ) 
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FATIGUE  COMPONENT  TESTS 


PURPOSE 

The  purpose  of  these  tests  was  to  obtain  comparative  fatigue  data  for  use  in  the 
Phase  IA  preliminary  design  study.  Primary  emphasis  was  placed  on  joining  tech¬ 
niques.  The  specific  purpose  of  each  test  is  given  in  Table  XXXVIII. 

TEST  DESCRIPTIONS  AND  REQUIREMENTS 

The  descriptions  and  requirements  of  the  fatigue  component  tests  are  given  in 
Table  XXXVIII  and  Figures  153,  154,  and  155.  Both  constant-amplitude  and 
spectrum  fatigue  loadings  were  applied  as  noted. 

TEST  RESULTS 

Results  of  fatigue  component  tests  are  summarized  in  Table  XXXIX.  Figures  156 
through  164  show  photographs  of  test  specimens,  test  set-ups,  and  specimen  failures. 
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FATIGUE  COMPONENT  TESTS 
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FIGURE  153  STRINGER  TO  SKIN  KT  SPECIMEN 
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FIGURE  154  N-F  RIB  ATTACHMENT  CLIP  FATIGUE  TEST  SPECIMEN 
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FIGURE  I55  WS  77  CHORIWISE  JOINT  SPECIMEN 
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FATIGUE  COMPONENT  TEST  RESULTS 
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NOTE:  (1)  Constant  Normal  Load  of  185  Lbs*  Applied  Between  Clips  and  Panel  During  Fatigue  Cycling 


TABLE  XL 


C-l4l  SPECTRUM  LOADING  SCHEDULE  FOR  TEST  ADP1007 


LOAD 

LEVEL 

NO* 

NO.  OF 
CYCLES 

PER  FLT. 

PARTIAL  CYCLES 

LOAD  - 

POUNDS 

NUMBER 

FLIGHTS 

MAX. 

MIN. 

1 

56 

2 

5 

-17,320 

-21 ,098 

2 

2 

1 

9 

-15,980 

-22,459 

3 

- 

1 

12 

-14,420 

-24,000 

4 

- 

1 

270 

-12,735 

-25,684 

5 

2 

- 

- 

-9,567 

-15,097 

6 

* 

1 

15 

-8,240 

-16,424 

7 

- 

1 

270 

-6,556 

-18,108 

8 

1  Ramp 

- 

- 

17,979 

9 

1  Ramp 

- 

- 

-22,505 

10 

- 

1  Ramp 

3 

8,654 

11 

- 

1  Ramp 

3 

-5,855 

12 

- 

1  Ramp 

3 

8,654 

13 

- 

1  Ramp 

3 

-5,835 

14 

24 

8 

21 

16,455 

9,653 

15 

- 

2 

7 

19,798 

6,309 

16 

- 

1 

270 

25,905 

203 

17 

10 

- 

- 

11,965 

3,944 

18 

1 

- 

- 

13,719 

2,190 

19 

- 

1 

17 

16,516 

-409 

20 

- 

1 

270 

19,784 

-3,875 

NOTES: 


(1)  Specimen  Area  (ADP  1007)  ■  1*325  Sq.  In. 

(2)  Plus  Loadings  are  Tension,  Minus  Loadings  Compression 

(3)  One  Lifetime  Equals  8,200  Flights 
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FIGURE  156  SIMULATED  STR INGER /SKIN  WELDBOND  FATIGUE 
SPECIMEN  (ADP  1001-101) 


FIGURE  157  SIMULATED  STR  INGER /SKIN  TAPERLOK  FATIGUE 
SPECIMEN  (ADP  1001-103) 
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(a)  Top  View 


(b)  Side  View 


FIGURE  158  COMPRESSION  STABILITY  PLATES  USED  IN  STRINGER /SKIN 
SPECIMEN  FATIGUE  TESTS 
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FIGURE  159  TEST  ARRANGEMENT,  N-P  CLIP  FATIGUE  TEST 
(ADP  1007) 


FIGURE  160  CLOSE-UP  OF  TEST  PANEL  SHOWING  N-P  CLIP 
ARRANGEMENT 
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FIGURE  161  NON -PENETRATING  CLIPS  AND  PANEL  AFTER 
DISASSEMBLY 


FIGURE  162  CONTACT  SURFACE  OF  N-P  CLIP  INDICATING  NO 
SIGNIFICANT  FRETTING  EFFECT 
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FIGURE  163  TEST  ARRANGEMENT,  CHORDWISE  JOINT 
FATIGUE  TEST  (ADP  1002) 
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FIGURE  164  COMPRESSION  STABILITY  PLATES  USED  IN  CHORDWISE 
JOINT  FATIGUE  TEST 


DAMAGE  TOLERANCE  COMPONENT  TESTS 


PURPOSE 

Limited  damage  tolerance  component  tests  were  run  to  obtain  preliminary  design 
data  on  crack  growth,  residual  fatigue  life,  and/or  residual  strength  characteristics 
of  selected  configurations.  The  specific  purpose  of  each  test  is  given  in  Table  XLI. 

TEST  DESCRIPTIONS  AND  REQUIREMENTS 

The  descriptions  and  requirements  of  the  damage  tolerance  component  tests  are  given 
in  Table  XLI  and  Figures  165  through  168, 

TEST  RESULTS 

Results  of  damage  tolerance  component  tests  are  summarized  In  Table  XLI  I .  Figures 
169  through  172  show  photographs  of  test  specimens  and  test  set-ups. 
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TABLE 
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SECTION  A-A 


FIGURE  165  DAMAGE  TOLERANCE  SPANVISE  SPLICE  SHEAR  SPECIMEN 
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SECTION  A- A 


FIGURE  166 


DAMAGE  TOLERANCE  SPANWISE  SPLICE  TENSION  SPECIMEN 


FIGURE  167  DAMAGE  TOLERANCE  WELDBONDED  ."A"  STRINGER  SPECIMEN 
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VIEW  'A' 


FIGURE  168  DAMAGE  TOLERANCE  RETARDATION  TEST  SPECIMEN 
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FIGURE  169  TEST  ARRANGEMENT,  DAMAGE  TOLERANCE  WELDBONDED 
'A'  STRINGER  SPECIMEN. 
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FIGURE  170  CRACK  GROWTH  DATA  -  CRACK  NO 


CM 
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NO.  OF  FLIGHTS 

FIGURE  171  CRACK  GROWTH  DATA  -  CRACK  NO. 


SLOT  CUT  FOLLOWING 
FATIGUE  CRACK  GROWTH  TEST 
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FIGURE  172  RESIDUAL  STRENGTH  TEST  SPECIMEN 


APPENDIX  III 


CRITERIA  SENSITIVITY  AND  TRADE  STUDIES 

The  damage  tolerance  criteria  For  the  Cargo/Tanker  ADP  program  were  established 
early  in  the  Vhase  IA  program.  These  criteria  were  updated  and  incorporated  into 
the  basic  program,  and  a  separate  study  was  authorized  to  evaluate  the  effects  of 
criteria  parameter  variations  on  selected  design  control  functions.  Where  possible, 
the  influence  of  variations  in  the  parameters  were  to  be  assessed  as  a  function  of 
crack  growth  life  or  allowable  design  stress.  All  analyses  associated  with  the  study 
were  performed  in  terms  of  the  baseline  structure,  materials,  and  load  spectrum. 

A3. 1  STATISTICAL  VARIATION  IN  FRACTURE  PROPERTIES 

The  initial  task  in  the  sensitivity  analysis  included  an  experimental  determination 
of  crack-growth  retardation  effects.  Four  panels  were  fabricated  to  the  dimensions 
shown  in  Figure  168.  As  indicated  in  Section  VIII,  flight-by-flight  loads,  based 
on  an  average  mission  load  spectrum,  were  applied  in  the  tests.  Two  panels  were 
tested  to  a  stress  spectrum  corresponding  to  the  baseline  loading  in  the  lower  surface 
wing  root  area.  The  remaining  two  panels  were  tested  at  a  reduced  spectrum  sever¬ 
ity  to  determine  the  sensitivity  of  crack-growth  retardation  as  a  function  of  design 
stress  level.  Load  spectrum  conversion  for  the  less-severe  stress  spectrum  was  based 
on  a  design  stress  corresponding  to  50  percent  F  ,  or  71  .6  percent  of  the  baseline 
design  stress.  Figure  173  shows  the  test  results  and  the  calculated  crack-growth 
curves,  which  assume  no  retardation  effects.  The  displacement  between  the  related 
experimental  and  analytical  curves  Is  a  measure  of  crack-growth  retardation  effects. 
An  experimentally  verified  analytical  crack-growth  model,  applicable  to  the  selected 
spectrum,  was  achieved  through  the  development  of  crack-growth  period  extension 
factors  derived  from  the  integrated  averages  of  the  data  in  Figure  173.  At  the  base¬ 
line  design  stress  level,  for  the  lower  surface  at  W.S.  77.7,  the  crack-growth  period 
with  retardation  was  1.76  times  the  calculated  crack-growth  period  without  retarda¬ 
tion  .  The  factor  of  1 .50  for  the  less  severe  stress  spectrum  was  used  in  the  ADP  de¬ 
signs.  Very  little  variation  in  the  factor  was  observed  in  the  results  for  the  baseline 
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FIGURE  173  RETARDATION  TEST  EVALUATION 
7075-T6511  ALUMINUM 


design  case*  However,  Figure  173  shows  that  considerable  scatter  occurred  In  Hie 
tests  at  the  lower  design  stress  level *  Some  of  the  variation  in  these  results  can  prob¬ 
ably  be  attributed  to  the  fact  that  one  of  the  specimens  tested  at  the  lower  design 
stress  level  was  made  from  a  different  extrusion  than  that  of  the  other  specimens  tested. 
For  example,  later  phases  of  the  criteria  sensitivity  study  show  a  very  wide  variation  in 
the  safe  crack-growth  period  based  on  the  range  of  scatter  reported  in  crack- growth 
rate  data  for  the  baseline  material .  Results  of  these  assessments  are  shown  in  Figure  176. 
The  influence  of  variations  in  initial  flaw  size  was  also  considered  later  in  this  work 
with  pertinent  results  shown  in  Figure  182.  It  can  be  seen  that  the  safe  crack-growth 
period  is  not  greatly  influenced  by  a  change  in  initial  flaw  size  from  0.025  inch  to 
0.050  inch.  The  relative  position  of  the  experimental  curves  for  the  reduced  load 
spectrum  would  tend  to  indicate  that  in  this  case  the  scatter  effects  overshowed  the 
influence  of  variation  in  initial  flaw  size.  In  any  case,  the  significant  observation  to 
be  drawn  from  this  phase  of  the  study  is  that  the  crack-growth  retardation  demonstrated 
relatively  low  level  and  narrow  range  under  these  conditions.  Since  the  criteria  sensi¬ 
tivity  is  being  assessed  on  the  basis  of  conditions  which  pertain  to  the  baseline  lower 
surface  in  the  wing  root  area,  the  directly  applicable  life  extension  factor  of  1,76  was 
used  tn  the  determination  of  all  safe  crack-growth  periods. 

The  results  described  above  were  used  to  evaluate  the  effects  of  variations  in  fracture 

properties  on  life  and  allowable  design  stress.  Figure  174  illustrates  the  influence  of  a 

variation  in  values  on  the  design  functions.  Typical  crack-growth  rate  data  were 

used  in  the  analysis,  and  crack-growth  retardation  effects  were  included*  Existing  data 

1/2 

indicate  an  average  K  for  this  case  of  69  K  SI-IN  with  a  lower  bound  of  48  K SI— 

1/2  c 

IN  .  Assuming  a  symmetrical  variation,  the  upper  bound  would  be  on  the  order  of 

1/2 

90  KSI- IN  ,  At  a  constant  life  equal  to  the  depot  level  inspection  period  (Fp^)r 

the  allowable  design  stresses  corresponding  to  the  lower  bound,  overage,  and  upper 

bound  are  38,0  KSI,  40,8  KSI,  and  42,1  KSI,  respectively*  The  influence  on  safe 

crack-growth  life,  based  on  40*8  KSI,  i.e.,  the  design  stress  for  an  average  K  ,  shows 

c 

that  the  predicted  life  for  the  lower  bound  K  is  2550  flights,  and  3610  flights  for  the 

c 

upper  limit  K  *  At  the  average  K  ,  the  safe  life  is,  of  course,  F-..*,  or  3270  flights* 
c  c  Um 

A  separate  investigation  considered  the  effects  of  changes  in  the  crack-growth  rate  data 

with  an  average  K  value  used  in  the  analysis.  Figure  175  shows  the  range  of  the  rate 
c 

data  considered  in  the  study.  The  selection  of  the  6  to  1  range  for  the  maximum 
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FLIGHTS  TO  FAILURE 


7075-T6511  ALUMINUM 
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FIGURE  175  da/dfi  VARIATION  DATA 
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FLIGHTS  TO  FAILURE 

FIGURE  176  EFFECT  OF  SCATTER  IN  da/dN  DATA 
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:!GURE  177  EFFECT  OF  SCATTER  IN  da/dN  DATA  FOR  CONSTANT  LIFE 
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variation  in  crack-growth  rate  was  based  on  information  reported  in  Reference  12. 
Results  of  analyses  using  each  of  the  rate  curves  are  shown  in  Figure  176.  Again  con¬ 
sidering  the  period,  the  allowable  design  stresses  associated  with  the  upper  ex¬ 
treme  rate,  average  rate,  and  lower  extreme  rate  data  are  34.3  K SI,  40.8  K SI,  and 
58.0  KSI,  respectively.  The  corresponding  life  variation,  based  on  the  design  stress 
for  average  crack-growth  rate  data,  indicate  a  life  of  1880  flights  for  the  upper  ex¬ 
treme  rote  data  and  more  than  one  lifetime  for  the  lower  extreme  rate  curve.  For  the 
average  data,  the  safe  life  is  F^,  °r  3270  flights.  The  results  shown  in  Figure  176 
are  replotted  in  Figure  177  to  indicate  directly  the  influence  of  crack-growth  rate 
data  on  allowable  design  stress  for  constant  life  requirements. 

On  the  basis  of  the  extreme  limits  of  the  variation  in  fracture  properties  considered  in 
the  above  analyses,  the  crack  growth  rate  variation  has  the  greatest  impact  on  the  safe 
crack-growth  period. 

A3. 2  SPECTRUM  SEVERITY 

C- 141  service  airplane  tracking  program  data  were  used  to  evaluate  the  range  of 
severity  in  the  usage  of  the  baseline  airplane.  The  tracking  program  provides  the 
necessary  information  to  monitor  analytically  the  accumulation  of  fatigue  damage  of 
each  airplane  by  tall  number.  These  results  are  updated  on  a  regular  basis,  and  the 
calculated  cumulative  fatigue  damage  is  tabulated  in  terms  of  the  logged  flight 
hours  and  full-stop  landings.  Plotted  data,  in  the  form  of  accumulated  fatigue 
damage  for  individual  airplanes  as  a  function  of  accumulated  flight  hours  and, 
separately,  as  a  function  of  accumulated  full-stop  landings,  enable  the  develop¬ 
ment  of  histograms  which  define  the  range  of  usage  severity  monitored  on  the  basis 
of  flight  hours  or  full-stop  landings.  Histograms  of  this  type  were  developed,  and 
these  are  shown  in  Figures  178  and  179.  The  more  critical  range  of  the  fatigue 
damage  distribution  based  on  flight  hours  was  selected  for  the  spectrum  severity 
sensitivity  analysis. 

Table  X L 1 1 1  presents  a  tabulation  of  the  average  usage  spectrum  for  the  baseline  air¬ 
plane  wing  root  area.  From  the  results  shown  in  Figure  178,  it  was  concluded  that 
operational  C  —  1 41  airplanes  experience  a  usage  severity  range  extending  from  25 
percent  more  severe  to  20  percent  less  severe  than  the  average  usage  spectrum.  To 
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PERCENT  VARIATION  IN  INSTANTANEOUS  FATIGUE  DAMAGE 


FIGURE  178  VARIATION  IN  FATIGUE  DAMAGE  BASED  ON  FLIGHT  HOURS 
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TABLE  XLIXI 


baseline  load  spectrum 
c-141  w.s.  77.7  (with  feak-to-peak  gag) 

CARGO/TANKER  ADP  -  TEST  AND  ANALYSIS  SPECTRA 


CYCTiER  PER 

*K,  In. -lb 

is.  x  10^ 

qUUKUej 

30.000  HRS. 

PLIGHT 

MAXIMUM 

MINIMUM 

Taxi  1A 

461,800 

56.4065 

-33.879 

-27. 81 3 

IB 

17,280 

2.1107 

-56.033 

-25.659 

1C 

690 

.0843 

-38.538 

-23.154 

ID 

50 

.0057 

-41.242 

-20.450 

2A 

15,650 

1 .9091 

-24.241 

-15.363 

ZB 

540 

.0660 

-26.573 

-13.231 

2C 

50 

.0057 

-29.077 

-10.527 

GAG 

8,187 

1 .0000 

28.872 

-36.140 

TAG 

5,595 

.6854 

13.863 

-  9.369 

Gust  4A 

199,600 

24.3801 

26.419 

15.502 

4B 

2,570 

.2895 

31.790 

10.131 

4C 

50 

.0057 

41.594 

.328 

5A 

81,600 

9.9670 

19.214 

6.332 

5B 

7,900 

.9649 

22.031 

3.515 

5c 

470 

.0574 

26.201 

-  .656 

5D 

30 

.0037 

31.769 

-  6.223 

*Note : 


To  obtain  baseline  streBB  spectrum,  multiply  loads  by 
stress/load  ratio  =  +468  psi/in.  lbB.  x  10  • 
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PERCENT  OF  LIFE  AT  FAILURE 
FIGURE  180  EFFECT  OF  SPECTRUM  SEVERITY  ON  LIFE 


reflect  this  variation  in  the  sensitivity  analysis,  the  number  of  cycles  at  each  load 
level  in  the  average  usage  spectrum  was  modified  in  direct  proportion  to  the  desired 
adjustment  tn  spectrum  severity,  This  procedure  results  in  the  preservation  of  the 
spread  in  the  accumulated  fatigue  damage  observed  in  the  C-141  fleet.  Table  XLIV 
shows  the  modified  spectra  for  mild  and  severe  airplane  usage.  In  terms  of  operations, 
the  adjustment  in  spectrum  severity  can  be  associated  with  the  variation  in  the  average 
time  per  flight,  which  in  turn  affects  the  number  of  landings  and  the  time  spent  at 
lower  altitudes  where  gust  occurrences  are  more  prevalent. 

Average  material  fracture  properties  were  used  In  the  development  of  the  results 
presented  in  Figure  180.  The  data  shown  describe  the  influence  of  spectra  severity 
on  design  stress  and  life.  For  example,  at  F^^,  which  is  3270  flights,  or  40  per¬ 
cent  of  1  lifetime,  the  allowable  design  stresses  for  the  severe,  average,  and  mild 
spectrum  are  37.8  KSI,  40.8  KSI,  and  43.2  KSI,  respectively.  On  the  basis  of  the 
design  stress  level  for  the  average  spectrum,  the  corresponding  spread  in  life  was 
from  2590  flights  for  the  severe  spectrum  to  4030  flights  for  the  mild  spectrum. 

A3. 3  INITIAL  FLAW  SIZE 

The  influence  of  assumed  initial  flaw  size  on  design  stress  and  life  was  assessed  on 
the  basis  of  average  data  for  material  properties  and  airplane  usage.  Three  types  of 
flaws  were  considered:  surface  flaws,  through  cracks  emanating  from  a  hole,  and 
comer  cracks  emanating  from  a  hole.  The  latter  two  cases  were  for  cracks  growing 
out  of  only  one  side  of  the  hole.  The  range  of  flaw  sizes  considered  in  this  phase  of 
the  sensitivity  study  were  specified  by  the  Air  Force. 

Analysis  results  for  the  surface  flaw  are  shown  in  Figure  181.  For  an  initial  a/2c  of 
0.10,  the  specified  a/Q  range  is  such  that  the  fatigue  crack  growth  originates  from  a 
part-through  crack  in  all  cases.  The  results  reflect  the  period  required  for  the  crack  to 
penetrate  the  panel  thickness  and  grow  as  a  through-the-thickness  crack  to  tn  unstable 
crack  length.  Figures  182  and  183  show  similar  results  for  the  cases  where  cracks  grow 
from  holes.  Detail  geometry  relevant  to  these  analyses  is  shown  in  the  figures. 

On  the  basis  of  the  conditions  analyzed,  it  is  immediately  obvious  that  the  greatest 
impact  on  design  stress  and  life  is  associated  with  the  a/Q  variation  considered  in 
the  surface  flaw  analysis.  The  results  for  cracks  emanating  from  holes  show  a  much 
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TABLE  XL1V 

MODIFIED  LOAD  SPECTRUM 

C-141  W.S.  77.7 
(PEAK-TO-PEAK  GAG) 


SOURCE 

CYCLES  PER  FLIGHT 

*M' ,  IN.- 

X 

LBS.  x  106 

MILD  SPECTRUM 

SEVERE  SPECTRUM 

'  MAXIMUM H 

miRiMum 

Taxi  1A 

45.1252 

70.5081 

-33.879 

-27,813 

IB 

1.6886 

2.6384 

-36.033 

-25.659 

1C 

0.0674 

0.1054 

-38.538 

-23.154 

ID 

0.0030 

0.0046 

-41.242 

-20.450 

2A 

1 .5273 

2.3864 

-24.241 

-15.363 

2B 

0.0528 

0.0825 

-26.373 

-13.231 

2C 

0.0030 

0.0046 

-29.077 

-10.527 

GAG 

0.8000 

1  .2500 

28.872 

-36.140 

TAG 

0.5467 

0.8542 

13.863 

-9.369 

Gust  4 A 

19.5041 

30.4751 

26.419 

15.502 

4B 

0.2316 

0.3619 

31.790 

10.131 

4C 

0.0030 

0.0046 

41 .594 

0.328 

5A 

7.9736 

12.4588 

19.214 

6.332 

5B 

0.7719 

1.2061 

22.031 

3.515 

5C 

0.0459 

0.0718 

26.201 

-0.656 

5D 

0.0030 

0.0046 

31.769 

-6.223 

*Note:  To  obtain  stress  spectrum,  multiply  loads  by  stress/load  ratio  = 
+  468  psi/in.-lbs.  x  10^. 
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PERCENT  OF  LIFE  AT  FAILURE 

FIGURE  181  EFFECT  OF  INltlAL  a/Q  ON  LIFE,  SURFACE  FLAW 
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PERCENT  OF  LIFE  AT  FAILURE 

FIGURE  182  EFFECT  OF  INITIAL  CRACK  SIZE  ON  LIFE 

THROUGH  CRACK  EMANATING  FROM  A  HOLE 
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FIGURE  183  EFFECT  OF  INITIAL  CRACK  SIZE  ON  LIFE  - 
CORNER  CRACK  EMANATING  FROM  A  HOLE 


smaller  effect1  for  the  range  of  assumed  initial  flaw  sizes,  A  comparison  of  the  re¬ 
sults  shown  in  Figures  182  and  183  further  indicates  that/  in  these  cases,  the  level 
of  influence  on  the  design  functions  is  of  the  same  general  order,  particularly  as 
the  size  of  the  comer  flaw  approaches  the  thickness  dimension  of  the  panel .  For 
the  smaller  flaws  at  the  edge  of  the  hole,  the  comer  crack  is  less  severe  than  the 
through  crack.  Some  of  the  trends  shown  in  this  study  were  also  observed  in  the 
design  analyses.  For  example,  the  a/Q  of  0.10  in  Figure  181  and  the  aQ  of  0.050 
in  Figure  182  are  the  initial  flaw  sizes  specified  in  the  criteria  for  slow  crack  growth 
structure.  At  40  percent  of  1  lifetime,  F^^,  the  allowable  design  stresses  are  40.8 
K SI  and  61.9  K SI  for  the  respective  flaw  sizes.  It  can  be  seen  that  the  surface  flaw 
requirement  governs  the  design  in  this  case. 

A3. 4  THERMAL  AND  CHEMICAL  ENVIRONMENT 

The  baseline  airplane  is  subjected  primarily  to  ambient  temperature  conditions  rang¬ 
ing  from  -65°F  to  160°F.  These  conditions  also  apply  to  the  inner  wing  structure, 
since  high-temperature  gases  from  the  engines  and  APU  do  not  impinge  directly  on 
the  wing  box  surface.  Therefore,  thermal  effects  on  the  baseline  structure  are  con¬ 
sidered  a  second-order  influence  which  can  be  included  in  a  general  assessment  of 
the  environmental  spectra. 

The  predominant  material  used  in  the  C-141  baseline  wing  structure  is  7075-T6 
aluminum, although  limited  applications  of  7178-T6  aluminum  occur  in  portions  of 
the  rib  structure.  Considering  the  use  of  these  high  strength  but  corrosion  suscep¬ 
tible  materials  in  the  corrosion  prone  wim  '  ox  structure,  the  design  has  a  remark¬ 
ably  good  corrosion  resistance  record;  no  serious  corrosion  problems  have  been  reported 
during  nine  years  of  service.  During  this  time  the  structure  has  been  exposed  to 
such  varied  chemical  or  corrosive  environments  os  salt  spray,  salt  water,  engine 
exhaust  gases,  microbial  contaminated  fuel,  sand,  ultraviolet  light,  and  full-strength 
cleaning  chemicals  called  for  in  maintenance  cleaning  Technical  Orders.  This  excel¬ 
lent  record  is  attributable  to  several  measures  taken  during  design  and  manufacture  to 
minimize  corrosion  problems  In  service.  These  Include: 
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o  Optimum  extrusion  material  utilization  for  minimum  section  thickness 
o  Joggling  wing  joint  pad  areas  for  improving  grain  flow 
o  Shot  peening 

o  Sulfuric  acid  anodizing 

o  Use  of  MIL-C-27725  polyurethane  integral  fuel  tank  coating  contain¬ 
ing  a  biocidal  additive 

o  Fay  surface  sealing  and  wet  installation  of  fasteners 
o  Excellent  water  drainage  from  fuel  tanks 
o  Acrylic  nitrocellulose  lacquer  exterior  finish  system. 

Although  the  operational  performance  of  the  inner  wing  box  structure  has  been  gen¬ 
erally  satisfactory,  with  no  overall  corrosion  problems  of  significance,  fretting  corro¬ 
sion  has  occurred  in  local  areas.  These  problems  have  been  associated  primarily 
with  access  door  installations  and  with  leading-edge  rib  caps. 

The  door  problems  involved  the  support  flanges  on  upper  surface  panels  where  some 
fretting  as  well  as  exfoliation  corrosion  occurred.  In  some  cases  this  caused  cracks 
to  emanate  from  fastener  holes  as  a  result  of  intergranular  corrosion.  Correction  of 
this  situation  was  accomplished  in  a  modification  program  which  incorporated  several 
improvements.  First,  an  improved  tapered-sleeve  dome  nut  was  incorporated  in  the 
panel  structure  around  the  personnel  access  doors  as  a  replacement  for  existing  stan¬ 
dard  nut  plates.  This  interference  sleeve  provides  definite  fatigue  enhancement  of 
this  critical  area  of  the  structure.  Second,  a  polyurethane  finish  was  applied  to 
the  door  support  flanges  in  the  panel,  and  all  rivets  and  dome  nuts  were  installed 
with  corrosion-inhibitive  sealant.  Finally,  a  cast-in-place  door  seal  was  incorporated 
to  improve  sealing  against  moisture.  With  this  modification,  corrosion  around  access 
doors  is  no  longer  a  maintenance  problem. 

Fretting  corrosion  in  the  leading-edge  rib  cap  area  continues  to  be  of  concern  from 
the  maintenance  standpoint.  These  caps,  which  are  made  from  extruded  2024-T6 
aluminum  tee  sections,  rub  against  the  leading-edge  assemblies  made  of  epoxy  im¬ 
pregnated  glass  cloth  laminates.  Rib  caps  were  originally  painted  with  epoxy  primer. 
Specification  MIL-P- 23377;  however,  considerable  improvement  was  obtained  when 
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the  finish  of  the  fretting  surface  was  changed  to  a  coating  of  MIL-L-46147  solid-film 
lubricant.  There  has  been  no  cracking  associated  with  fretting  in  these  areas,  al¬ 
though  severe  pitting  has  occurred. 

The  performance  of  the  baseline  structure  with  respect  to  the  thermal  and  chemical 
environmental  spectra  encountered  by  the  service  airplanes  has  been  satisfactory, 
but  even  better  performance  can  be  achieved  in  ADP  designs  through  the  use  of  the 
overaged  tempers  of  advanced  materials,  manufacturing  control,  and  improved  seal¬ 
ants  and  finishes. 

A3. 5  PROOF  TESTING 

The  strengths  and  limitations  of  proof  testing  can  be  assessed  from  the  standpoint  of 
production  quality  control  or  an  in-service  inspection  function.  In  either  case,  a 
number  of  factors  which  are  dependent  on  the  desired  objective  of  the  test  must  be 
considered  in  the  evaluation  of  the  role  of  proof  testing.  The  type  of  structure  and 
loading  characteristics  also  enter  into  these  assessments.  For  example,  proof  testing 
of  pressure  vessel  shells  can  provide  useful  information  through  leak  detection.  All 
Lockheed-Georgia  transport  aircraft  fuselage  assemblies  are  proof-pressure-tested  on 
the  production  line  to  a  load  level  corresponding  to  limit  design  pressure.  The  pur¬ 
pose  of  this  test  is  to  verify  that  maximum  permissible  leakage  rates  are  not  exceeded, 
and  to  substantiate  that  no  catastrophic  deficiencies  are  present.  Proof  load 
testing  for  quality  control  purposes  is  also  performed  on  welded  assemblies. 

Similar  tests  are  conducted  on  a  sampling  basis  on  ground  support  equipment.  In 
general,  the  assemblies  selected  for  proof  loading  have  single  source  loading  or 
simple  loading  systems  which  permit  these  tests  to  be  conducted  on  a  cost-effective 
basis. 

The  complex  loading  conditions  that  control  wing  box  assembly  designs  make  proof 
load  testing  of  this  type  of  structure  somewhat  more  difficult  and  more  costly.  How¬ 
ever,  critical  subassemblies,  such  as  forged  or  machined  fittings,  can  be  economi¬ 
cally  proof  tested  on  a  production  basis.  In  the  case  of  the  baseline  structure,  a 
form  of  proof  testing  is  a  fallout  of  the  material  production  process.  The  material 
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used  in  the  wing  cover  undergoes  post-extrusion  stretching  on  the  order  of  1 ,5%  to 
3*0%  permanent  set  to  relieve  residual  stresses.  This  process  is,  in  effect,  a  proof 
test  of  the  integrally  stiffened  wing  panels  prior  to  machining  and  assembly*  On  the 
basis  of  the  yield  stress  level,  surface  flaws  with  an  a/Q  as  low  as  0*036  are  "proofed 
out"  under  these  conditions* 

As  indicated  in  the  above  discussion,  the  underlying  purpose  of  these  tests 
has  been  a  general  quality-control  measure*  The  assessment  of  results  under  these 
conditions  is  on  a  go-no  go  basis.  However,  experience  gained  in  this  area  is  di¬ 
rectly  applicable  to  one  aspect  of  proof  testing  within  the  broader  context  of  damage 
tolerance  technology  *  On  the  basis  of  fracture  analyses,  proof-test  load  levels  can 
be  selected  to  determine  theoretical  thresholds  of  maximum  flaw  sizes  in  specific 
areas  upon  successfully  sustaining  the  proof-test  load.  Flaws  that  exceed  the  thresh¬ 
old  size  in  a  local  area  would  theoretically  result  in  unstable  crack  growth  during 
proof  test. 

An  expansion  of  the  proof-test  concept  involves  additional  fracture  analyses  where 
safe  crack-growth  periods,  subsequent  to  proof  tests,  are  determined  on  the  basis  of 
the  threshold  flaw  sizes*  The  role  of  proof  testing  on  the  broader  scale  of  the  dam¬ 
age  tolerance  criteria  is  highly  analytical  and  is  very  dependent  on  the  detail  de¬ 
sign  and  operating  stress  levels  in  the  structure.  Figure  184  presents  the  results  of 
analysis  for  proof-test  considerations  in  a  local  area  of  the  baseline  structure*  The 
analysis  is  concerned  with  potential  surface  flaw  occurrences  in  the  lower  surface 
wrng  root  area.  Flaws  are  assumed  to  have  an  Initial  a/2c  of  0*10,  and  baseline  de¬ 
sign  stress  levels  are  used  in  the  parametric  assessment* 

The  tabulated  values  in  the  figure  are  the  proof  load  levels  considered  in  the  study, 
and  the  corresponding  critical  flaw  sizes  for  the  statically  applied  loads.  Proof 
load  levels  are  listed  as  a  percent  of  design  limit  load*  If  flaw  sizes  in  excess  of 
the  calculated  critical  size  are  present,  unstable  crack  growth  will  occur  during 
the  proof  load  test.  The  successful  completion  of  the  proof  test  is  considered  a  sub¬ 
stantiation  that  flaw  sizes  in  excess  of  the  calculated  critical  size  do  not  exist  in 
the  area  of  the  structure  in  question.  Safe  crack-growth  periods  can,  therefore,  be 
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FIGURE  184  PROOF  LOAD  VARIATION 


based  on  the  maximum  flaw  size  that  could  have  been  present  in  the  structure  during 
proof  test  without  causing  failure.  Crack-growth  analyses  were  performed  using 
initial  flaw  sizes  based  on  the  proof  load  level.  These  results  are  also  shown  in 
Figure  184.  In  addition,  the  crack-growth  curve  based  on  the  flaw  size  data  in  the 
fracture  criteria  is  shown  for  reference  purposes. 

Inspection  of  the  results  show  that  a  proof  food  on  the  order  of  96  percent  of  design 
limit  load  would  be  required  to  verify  that  flaw  sizes  in  excess  of  the  criteria  value 
are  not  present  in  the  structure.  At  the  actual  design  stress  level,  the  safe  life, 
based  on  an  a/Q  of  0. 10  and  an  initial  a/2c  of  0.10,  is  1316  flights.  Proof  testing 
to  80  percent  of  design  limit  load  would  provide  assurtnce  of  a  remaining  safe  crack- 
growth  life  of  1 155  flights.  Proof  loads  of  100  percent  and  120  percent  of  limit  load 
would  substantiate  residual  safe  crack-growth  lives  of  1351  flights  and  1674  flights, 
respectively.  Although  proof  load  tests  at  load  levels  in  excess  of  design  limit  load 
are  not  being  recommended,  it  should  be  noted  that, even  at  130  percent  of  limit 
load,the  yield  stress  of  the  material  is  not  exceeded  in  the  area  under  analysis. 

In  conclusion,  proof  testing  may  be  considered  a  supplement  to  NDT  and  not  a  re¬ 
placement.  The  complex  loading  system  of  wing  structure  and  design  strength  enve¬ 
lopes  make  proof  testing  of  a  wing  box  a  costly  inspection  procedure.  The  down¬ 
time  required  to  perform  the  proof  test  on  operational  aircraft  would  also  adversely 
affect  the  performance  of  the  operating  force. 


325 


A3. 6  NDT  DEMONSTRATION  PROGRAM 


A3. 6. 1  Needs  for  on  NDT  Demonstration  Program 

When  structural  design  philosophies  are  predicated  on  fracture  and  fatigue  considera 
Hons,  quantitative  evaluations  must  be  made  of  maximum  defect  sizes  which  could 
escape  detection.  A  properly  designed  NDT  demonstration  program  which  measures 
the  degree  of  success  attainable  in  detecting  flaws,  based  on  sufficient  statistical 
data,  will  provide  these  quantitative  values. 

Alternatively,  an  NDT  Demonstration  Program  would  be  less  important  if  the 
detection  of  small  defects  has  no  significance;  i.e.,  detection  of  a  0.25"  long 
fatigue  crack  would  not  require  immediate  repair,  for  example.  Such  may  be  the 
case  for  properly  designed  multiple-load-path  structure. 

A3 .6.2  Methods  for  Conducting  an  NDT  Demonstration  Program 

A  demonstration  of  NDT  capabilities  requires  consideration  of  production  inspection 
of  detailed  parts  and  in-service  inspection  of  built-up  structure.  The  number  of 
data  samples  should  be  large  enough  to  yield  statistically  significant  results  to 
attain  a  desired  level  of  confidence.  The  program  should  also  aim  toward  the 
measurement  of  detection  probabilities  and  not  the  resolution  or  size  assessment 
capabilities  of  various  NDT  techniques.  Consideration  should  be  given  to  the 
fact  that  some  NDT  methods  are  more  responsive  to  total  flaw  area,  while  some 
are  predominantly  sensitive  to  depth  or  length.  The  probability  of  detection  is 
generally  influenced  by  a  number  of  factors,  including:  (i)  access  to  the  area 
to  be  inspected;  (it)  inspection  time/area;  (Hi)  inspection  method;  (iv) 
standards  and  calibration  techniques;  (v)  defect  character  and  size,  i.e., 
surface  crack,  inclusion,  etc.;  (vi)  surface  shape  and  condition;  (vii)  stress 
at  the  flaw  site;  (vlii)  defect  density;  (ix)  human  factors;  and  (x)  material 
differences. 

A3.6.3  NDI  Reliability  Demonstration  Procedures 

Specimens  and  Procedures 

Specimen  configurations  should  be  representative  of  production  parts  but  should  not 
be  complex.  Experience  with  developing  nondestructive  inspection  techniques  for 
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complex  shapes,  such  as  in  landing  gear  yokes  or  hydraulic  shuttle  valve  bodies 
where  compound  curvature  is  involved,  has  shown  that  these  shapes  are  extremely 
difficult  or  impossible  to  Inspect  with  a  reasonable  degree  of  confidence.  Flat 
and  moderately  complex  configurations  for  specimens  are  recommended  where  a 
statistical  treatment  of  data  is  to  be  used.  If  complex  shapes  were  used  in 
specimen  design,  costs  would  be  high,  and  the  results  would  be  applicable  only 
to  a  narrow  range  of  configurations.  The  quantitative  translation  of  results  on 
flat  to  moderately  complex  specimens  to  actual  parts  of  complex  shape  is  not 
feasible  within  the  existing  state  of  the  art.  However,  an  empirical  evaluation 
of  inspectability  based  on  the  10  factors  listed  above  should  promote  the  develop¬ 
ment  of  quantitative  assessments  of  flaw  detection  probabilities  for  a  variety  of 
part  shapes.  For  example,  inspectability  could  be  established  by  assigning  indices 
to  each  of  the  10  contributing  factors.  The  composite  inspectability  index  for  the 
specific  part  in  question  would  be  determined  as  the  product  of  the  10  indices. 

This  Index  product  approach  takes  advantage  of  the  fact  that  all  factors  but  one 
may  rule  out  inspection,  thus  yielding  a  very  low  or  zero  inspectability.  For 
example,  all  factors  except  access  to  the  area  to  be  inspected  may  be  favorable, 
but  inspection  is  impossible,  and  the  composite  inspectability  index  is  zero.  A 
hypothetical  three-dimensional  plot  of  detection  probability  relative  to  flaw  size 
and  inspectability  is  shown  in  Figure  185, 

The  number  and  types  of  defects  recommended  are: 

(I)  approximately  30  each  in  six  0.0511  length  increments  from  0,05"  to  0.30" 
(this  is  a  basic  group  size); 

(ii)  one  group  of  through  fatigue  cracks  and  one  group  of  part-through  fatigue 
cracks  with  a/2c  -  0.25; 

(iil)  through  cracks  in  0,25"  thick  specimens,  and  part-through  cracks  In  0.50" 
thick  plate  or  extrusion. 

Defects  should  be  adjacent  to  1/4- inch  diameter  holes  to  allow  for  simulation  of 
cracks  around  fasteners. 
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FIGURE  185  HYPOTHETICAL  DETECTION  PROBABILITY  SURFACE 


The  size  increments  and  total  size  range  in  (i)  are  based  on  experience  in  acquiring 
detection  probabilities  for  fatigue  cracks  around  fasteners  in  simulated  extrusions 
with  an  ultrasonic  shear-wave  technique.  The  increments  were  small  enough  to  be 
practical  for  optical  monitoring  during  fatigue  growth.  The  choice  of  through  and 
part-through  cracks  with  a/2c  =  0.25  is  based  on  attaining  two  representative  con¬ 
ditions  for  actual  flaws,  and  attendant  conditions  for  NDT  detection.  This  means 
that  some  techniques  are  predominantly  flow -area -dependent,  whi  le  others  ore 
dependent  on  flaw  length  or  depth.  Table  XLV  lists  NDT  techniques  and  the 
associated  flaw  geometry  dependence.  The  choice  of  the  fatigue  crack  as  a  flaw 
type  is  made  because  it  represents  a  severe  form  of  defect  which  is  difficult  to 
detect  and  relatively  easy  to  generate  in  controlled  sizes. 

Minimizing  operator  awareness  of  the  demonstration  is  best  accomplished  by  assigning 
the  inspection  task  on  a  routine  work  order  basis,  with  dummy  part  numbers  assigned 
to  the  demonstration  specimens.  There  is  a  risk  that  the  specimens  may  not  resemble 
production  parts  and,  therefore,  will  attract  special  attention.  This  problem  can  be 
largely  averted  if  the  assignment  is  made  by  a  test  engineering  organization  which 
routinely  works  with  experimental  component  designs. 

The  problem  of  assuring  representative  data  with  regard  to  duplicating  production 
conditions,  equipment,  personnel,  and  procedures  may  be  handled  best  by  the 
appropriate  NDT  request  document  and  procedure  In  conjunction  with  explicit 
instructions  For  performing  the  inspection.  The  mechanism  for  implementing  this 
type  of  activity  Is  outlined  in  the  following  sequence: 

(!)  Critical  areas  or  parts  are  defined  by  the  engineering  stress  groups,  and  the 
information  is  transmitted  to  a  fracture  control  group. 

(ii)  The  fracture  control  group  determines  the  size  of  defects  to  be  found  along 
with  the  required  time  of  inspection,  and  transmits  this  information  to  a 
quality  assurance  group  on  a  nondestructive  inspection  request  document. 

This  document  calls  out  defect  size,  orientation,  location  and  required  NDI 
time.  This  procedure  Is  applicable  to  the  inspection  of  detailed  parts  and 
built-up  structure. 


329 


TABLE  XLV 


NDT  TECHNIQUE/FLAW  GEOMETRY  DEPENDENCE 


NDT  TECHNIQUE 

PREDOMINANT  FLAW  DETECTION 
FACTOR 

X-ray  Radiography 

Flaw  depth,  depth  percentage  of  part 
thickness 

Ultrasonic 

Flaw  area,  plane  normal  to  the  incident 
wave  propagation 

Eddy  Current 

Flaw  length 

Penetrant 

Flaw  length 

Magnetic  Particle 

Flaw  length 
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(ill)  The  quality  assurance  group  reviews  the  NDI  requirements  and  determines 

the  most  suitable  techniques  for  detecting  the  flaw .  A  procedure  Is  written, 
and  a  calibration  standard  is  designed  to  simulate  the  flaw* 

(iv)  The  NDI  requirements  are  transmitted  to  the  inspection  group  by  job  assign¬ 
ment  with  the  appropriate  NDI  procedures  document* 

It  is  proposed  that  the  same  approach  be  used  in  a  demonstration  program  with  dummy 
parts  carrying  typical  part  numbers* 

Defect  Character  Specification 

It  has  been  noted  in  the  previous  section  and  Table  XLV  that  specific  NDI  techniques 
are  flaw  length,  depth,  or  area  responsive.  The  most  direct  approach  to  the  specifi¬ 
cation  of  defect  character  is  to  define  its  aspect  ratio,  a/2c,  This  form  is  convenient 
for  both  the  fracture  analysis  and  the  NDI  applications  engineer  who  makes  the 
decision  on  what  technique  is  best.  Since  each  case  in  designing  NDI  techniques 
is  unique,  other  parameters  to  specify  flaw  character  must  be  at  least  as  general  as 
the  a/2c  designation*  No  alternatives  to  the  aspect  ratio  show  promise  for  useful 
application  to  NDI. 

Efficient  Demonstrations 

The  objective  in  a  demonstration  is  to  acquire  a  sufficient  quantity  of  data  samples 
to  establish  statistically  valid  results  under  real -world  inspection  conditions*  There 
is  no  need  to  produce  a  targe  number  of  specimens  if  they  are  recycled  through 
inspection*  The  tradeoff  is  between  the  numbers  of  specimens  to  expedite  results 
and  the  cost  of  producing  the  specimens.  A  configuration  with  fatigue  cracks 
generated  at  holes  is  a  multi-purpose  article  which  can  function  as  a  simulated 
detailed  part  or  which  can  be  fastened  In  groups  to  simulate  structure  with  cracks 
around  fasteners. 

Care  must  be  taken  in  recycling  specimens  so  that  they  will  not  be  Identified  by 
inspectors*  A  time  lapse  between  the  inspection  cycles  helps  in  this  respect,  since 
the  exact  nature  of  the  specimen  is  forgotten.  Experience  has  shown  that  a  time 
lapse  of  2  to  3  weeks  Is  sufficient  to  forget  the  location  of  fatigue  cracks  on  C-130 
wing  box  specimens  used  in  independent  NDI  research  at  Lockheed,  Fatigue-damaged 
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structures  from  component  or  full-scale  test  articles  and  in-service  damaged  items 
are  valuable  for  NDI  demonstration  purposes.  Damaged  C-130  center  wing  boxes 
have  yielded  a  number  of  surface  fatigue  cracks  for  inspection  reliability  tests. 

Cost  and  complexity  may  be  minimized  through  the  use  of  a  probability  surface 
such  as  that  shown  in  Figure  185.  Three  detection  probability  curves  at  different 
inspectability  levels  could  be  developed  experimentally  to  establish  the  surface. 
This  could  then  be  applied  generally  to  a  wide  spectrum  of  inspectability  cases. 
The  goal  is  to  avert  the  extremely  high  cost  and  complexity  of  establishing  NDI 
reliability  values  for  a  variety  of  part  configurations.  The  probability  surface 
approach  has  the  drawback  that  inspectabilities  must  be  subjectively  assigned  to 
a  part  in  question.  It  is  anticipated  that  refinement  of  inspectability  rating 
systems  through  experience  will  lead  to  an  acceptable  method  for  assessing  flaw 
detection  reliabilities. 
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A3. 7  FRACTURE  AND  FATIGUE  CONTROL  PUN 

The  purpose  of  this  fracture  and  fatigue  control  plan  Is  to  Identify  and  specifi¬ 
cally  define  all  of  the  tasks  necessary  to  ensure  compliance  with  the  design 
service-life  criteria  and  the  damage  tolerance  and  fatigue  requirements  of  MIL- 
STD-1530  and  MIL-A-008866.  The  plan  assures  that  materials  used  for  fabri¬ 
cation  of  fracture- and  fatigue-critical  structure  are  controlled  by  a  system  of 
procedures  and  specifications  that  precludes  the  use  of  parts  whose  properties  are 
inferior  to  those  assumed  in  the  design. 

The  objectives  of  the  fracture  and  fatigue  control  program  are  to  minimize  the 
service  maintenance  problems  due  to  fatigue  and  other  crack  Initiation  mecha¬ 
nisms  and  to  prevent  the  failure  of  safety-of-fllght  structure.  Damage-tolerant 
design  will  be  Implemented  for  primary  structure  to  ensure  structural  safety 
against  undetected  flaws  or  damage. 

The  material  selections  and  manufacturing  and  processing  of  all  parts  fabricated 
from  fracture-and  fatigue-controlled  material  will  be  monitored  by  a  Fracture 
and  Fatigue  Control  Board.  This  Board  consists  of  Engineering,  Quality  Assur¬ 
ance,  and  Manufacturing  Operations  Specialists  In  fatigue,  fracture  mechanics, 
processing,  and  Inspection.  This  Board  will  report  directly  to  the  Program 
Manager. 

The  Control  Board  will  oversee  all  aspects  of  fracture- and  fatigue -critical  struc¬ 
ture.  Their  principal  task  will  be  to  coordinate  with  Engineering,  Manufactur¬ 
ing,  and  Quality  Assurance  organizations  to  see  that  the  following  tasks  are 
accomplished: 

1)  Define  the  fracture-and  fatigue -critical  parts  to  be  controlled.  Engi¬ 
neering  will  designate  these  parts  on  the  drawings. 

2)  Define  critical  operations  In  manufacturing  and  processing.  Applicable 
specifications  will  be  called  out  on  engineering  drawings,  and  special 
Inspections  and  tests  will  be  required  by  the  shop-planning  paper  work. 

3)  Review  applicable  material  and  process  specifications.  Review  basic 
specifications  and  their  revisions  to  ensure  compliance  with  the  fracture 
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and  fatigue  control  plan. 


4)  Control  documentation  and  material  traceability.  Maintain  records  that 
will  provide  complete  pari  and  material  traceability  of  all  fracture- and 
fatigue -critical  parts. 

5)  Control  material  receiving,  handling,  processing,  storing,  and  fabrication 
of  fracture-and  fatigue -critical  parts.  Audit  material  flow  for  compliance 
with  applicable  processes  and  specifications. 

6)  Control  costs;  regulate  schedule,  engineering  release, and  drawing  control. 
The  Board  will  coordinate  with  all  departments  to  control  costs  and  main¬ 
tain  schedule  during  the  program. 

7)  Establish  process  control  and  Inspection  procedures.  Including  complete 
requirements  for  nondestructive  inspection,  quality  control,  and  corrosion 
control.  Use  the  Initial  lot  of  parts  to  firm-up  and  check  out  the  com¬ 
plete  quality  control  procedures  for  the  program.  Review  and  revise 
specifications  as  required. 

8)  Perform  on-site  reviews  of  manufacturing  operations  and  verification  tests 
during  production.  The  Board  will  periodically  review  operations  during 
manufacturing  and  witness  verification  tests  to  ensure  compliance  with 
specifications. 

9)  Monitor  subcontractor,  supplier,  and  vendor  fracture  and  fatigue  control 
of  critical  parts  during  processing.  Periodically  review  subcontractors', 
suppliers',  and  vendors'  operations  with  on-site  inspections  to  ensure  com¬ 
pliance  with  specifications. 

10)  Maintain  adherence  to  MIL-STD-1530,  Ml L-A-008866,  and  MIL-A- 
008867.  The  Control  Board  will  monitor  all  phases  of  the  program 
periodically  to  assure  compliance  with  these  specifications. 

11)  Obtain  Air  Force  approvals  for  compliance  with  MIL-STD-1530.  The 
Control  Board  will  act  under  the  directions  of  the  Program  Manager  and 
coordinate  with  the  Air  Force  by  providing  reports  of  pertinent  tests, 
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procedures,  and  specifications;  conduct  on-site  reviews  with  Air  Force 
representatives, and  thereby  obtain  the  required  approvals  for  compliance 

with  MIL-STD-1530. 

12)  Establish  field  maintenance,  Inspection,  and  repair  techniques.  The 

Control  Board  will  work  with  engineering  personnel  to  establish  periodic 
Inspection  requirements,  that  Include  nondestructive  Inspection  techniques, 
and  field  maintenance  and  repair  techniques  for  fracture- and  fatigue- 
critical  parts. 

Figure  186  gives  the  breakdown  of  the  program  organization,  showing  the  position 
of  the  Fracture  and  Fatigue  Control  Board. 

To  Implement  this  fracture  and  fatigue  control  plan,  close  coordination  among 
Engineering,  Quality  Assurance,  and  Manufacturing  organizations  will  exist  from 
the  outset  of  the  program  until  completion.  Trade  studies  and  damage  tolerance 
tests  will  be  conducted  to  facilitate  material  selections  and  the  basic  design  to 
obtain  a  low-weight,  cost-effective  design.  Tight  control  will  be  Imposed 
through  specifications  and  Inspections  commensurate  with  structural  analysis,  load 
analysis,  fracture  mechanics,  fatigue,  and  quality  control  to  ensure  compliance 
with  the  service-life  design  criteria  of  MIL-STD-1530. 

Table  XLVI  lists  the  fracture  and  fatigue  critical  parts  for  the  ADP  Cargo/Tanker  inner- 
wing  box  structure.  Parts  listed  were  selected  on  the  basis  of  high  operating  stress, 
high  stress  concentration,  environmental  factors,  and  the  risk  associated  with  the  po¬ 
tential  failure  of  a  part  or  component  in  terms  of  safety-in-flight.  These  parts  will  be 
defined  on  the  Engineering  drawing  with  a  "C"  suffix  to  the  part  number,  for  example: 
ADP  1017-101C,  which  will  alert  Manufacturing,  Inspection,  and  Liaison  Engineering 
to  the  special  requirements  in  processing,  handling,  testing,  and  inspection  of  these 
parts.  This  system  will  also  facilitate  the  documentation  and  traceability  of  these 
critical  pcrts. 

A  procedure  for  establishing  verification  of  this  control  plan  will  be  incorporated 
at  the  outset  of  the  manufacturing  processing.  Critical  processes,  such  as  heat- 
treatment,  stress  relieving,  stretch  forming,  and  welding  will  be  subjected  to  rigid 
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FIGURE  186  PROGRAM  ORGANIZATION 


detailed  inspection  and  documentation  on  the  first  lot  of  parts.  This  initial  lot  of 
parts  will  establish  critical  points  For  inspection  and  detailed  planning  which  will 
be  followed  during  each  subsequent  lot  of  parts  to  be  manufactured.  Verification 
tests  will  be  performed  at  specified  intervals  to  prove  the  system.  Use  of  this  close 
process  and  quality  control  will  result  in  repeated  high-quality  parts. 


TABLE  XLVI 

FRACTURE  &  FATIGUE  CRITICAL  PARTS  -  INNER  WING  BOX 
NO.  PARTS 

PER  A/C  DESCRIPTION 

6  *Skln  Panel  -  Upper  Surface 

6  *Skln  Panel  -  Wing  Lower  Surface 

132  ^Stringer  -  Wing  Box  Surface 

4  Cap  -  Front  Spar 

2  *Web  -  Front  Spar 

4  Cap  -  Rear  Spar 

2  *Web  -  Rear  Spar 

10  Pylon  Attach  Fitting 

6  Pylon  Support  Fitting 

4  W.S.  77  Chordwise  Rib  Cap 

24  W.S.  77  Chordwise  Splice  Plate 

24  W.S.  77  Chordwise  Splice  Fitting 

6  W.S.  77  Tension  Fitting  (l  ea!  at  llear*  S  paT) 

4  W.S.  374  Chordwise  Rib  Cap 

4  W.S.  374  Chordwise  Splice  Plate 

16  W.S,  374  Chordwise  Splice  Fittings 

4  W.S.  374  Front  Spar  Cap  Splice 

2  W.S,  374  Rear  Spar  Splice  Fitting/Jack  Pad 

‘Fracture  Critical 
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A3 .7, 1  Cost  Impact 

To  determine  the  cost  impact  of  establishing  this  fracture  and  fatigue  control 
plan,  it  was  assumed  that  200  left-  and  right-hand  units  of  the  ADP  Cargo/Tanker 
inner-wing  box  structure  would  be  fabricated  at  a  scheduled  rate  equivalent  to 
that  of  the  C-141  production  program.  Therefore,  a  span  of  72  months  from 
go-ahead  to  the  delivery  of  200  L/R  production  units  is  assumed  for  the  pricing 
impact.  Pertinent  milestones  which  have  been  established  for  the  plan  are 
presented  in  Figure  187.  No  cost  consideration  has  been  given  to  the  monitoring, 
documentation,  and  technical  support  that  would  be  required  during  in-service 
life  of  the  airplane  for  a  complete  program.  This  Is  assumed  to  be  accomplished 
under  a  separate  contract. 

A  summary  of  the  total  cost  to  implement  this  fracture  and  fatigue  control  plan 
is  presented  in  Table  XLVII,  followed  by  a  detailed  breakdown  of  manhour  and 
material  costs  for  the  four  major  categories  listed. 
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Months  After 

ENGINEERING  Go-Ahead 

Define  Critical  Parts  2 

Basic  Fracture  Data  6 

Material  Selection  6 

Material  Specifications  10 

Vendor  Material  Test  Approvals  ]2 

Complete  Material  Tests  &  Specification  Requirements  12 

Final  Design  -  Dwg.  Release  90%  16 

Complete  Fatigue  &  Fracture  Structural  Analysis  21 

Full  -scale  Components/Major  Assemblies  Test  Complete  26 

Repair  Techniques  and  Inspection  Procedures  30 

QUALITY  ASSURANCE 

Documentation  and  Material  Traceability  Procedures  3 

Material  Control  Procedures  4 

Test  Procedures  Approved  0 

Complete  NDI  Techniques  &  Requirements  24 

MANUFACTURING  OPERATIONS 

Standard  Format  for  Process  Control  Work  Authorization  3 

Detailed  Shop  Orders  &  PJS  for  Critical  Parts  12 

Start  Assembly  -  1st  Production  Unit  14 

Complete  Assembly  -  1st  Production  Unit  28 

1st  Flight  33 

1st  Delivery  30 

FIGURE  187  FRACTURE  &  FATIGUE  CONTROL  PLAN  MILESTONES 
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TABLE  XLVII 


SUMMARY  OF  TOTAL  COST 
FRACTURE  AND  FATIGUE  CONTROL  PLAN 


ORGANIZATION 

MANHOURS 

MATERIAL  COSTS 
1972  DOLLARS 

I. 

ENGINEERING 

104,262 

$  31,450 

II. 

QUALITY  ASSURANCE 

24,220 

- 

HI. 

MANUFACTURING 

2,000 

168,000 

IV. 

OTHERS 

27,300 

16,000 

SUM  TOTAL: 

157,782 

$215,450 
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ENGINEERING  COST 

SUMMARY 

ORGANIZATION 

MANHOURS 

A.  Design 

5,200 

B.  Stress 

900 

C.  Fatigue 

4,500 

D.  Fracture 

25,300 

E.  Specifications 

420 

F.  Material 

1,200 

G.  Loads 

200 

H.  Weights 

200 

1.  Liaison 

6,000 

J.  Manuals 

860 

K.  Testing 

58,282 

L.  Administration 

1,200 

Total  (Engineering) 

104,262 

MATERIAL  COSTS 
1972  DOLURS 


$31,450 


$31,450 


Explanation  of  Significant  Engineering  Costs 
Assumptions:  1.  Standard  Program  of  72  months. 

2.  Coverage  Is  provided  through  fabrication  of  last  unit  and 
through  completion  of  fracture  and  fatigue  testing. 

3.  Costs  applies  to  additional  work  over- and- above  the  current 
airplane  development  requirements. 


ITEM  A  -  DESIGN  MANHOURS 

1.  Phase  1(b)  Preliminary  Design  (12  months) -  416 

2.  Phase  II  Detail  Design  (15  months)  1840 

3.  Phase  111  Fabrication  (45  months)  1944 

4.  Phase  IV  Testing  1000 

Sub-Total: - -  5200 
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ITEM  C  -  FATIGUE 


MANHOURS 


1.  Analysis  &  Design  Support  - —  1000 

2.  Engr.  Liaison  Support  - 500 

3.  Material  and  Process  Control  Support -  500 

4.  Reporting  &  Documentation -  500 

5.  Test  Program  Support  2000 

Sub-Total: - 4500 

ITEM  D  -  FRACTURE  MANHOURS 

1.  Analysis  &  Design  Support -  18000 

2.  Engr.  Liaison  Support  - 3000 

3.  Material  and  Process  Control  Support -  800 

4.  Reporting  &  Documentation -  500 

5.  Test  Program  Support  - 3000 

Sub-Total: -  25300 

ITEM  I  -  LIAISON  MANHOURS 

Direct  Engineering  Liaison  support  to  Manufacturing 

and  Quality  Assurance  through  all  stages  of  fabrication 

and  assembly -  6000 
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ITEM  K  -  TESTING 


TESTING  REQUIREMENTS 

FATIGUE 

FRACTURE 

Materials  - 

No  Additional 

Materials  - 

o  Upgrade  data  to  MIL-HDBK-5 

Standards 

o  K  ,  da/dN,  environment 
c 

Design  Development  - 

No  Additional 

Design  Development  - 

o  Retardation  effects. 

o  Redistribution  effects. 

o  Design  eval.  &  trade  studies. 

-  crack  growth 

-  residual  strength 

Design  Verification  - 

No  Additional 

Design  Verification  * 

o  Add  crack  growth  monitoring  to 

fatigue  test. 

o  Induce  flaws  &  measure  crack 

growth  rates, 
o  Residual  strength. 

°  Airplane  Inspection  data. 

Airplane  Tests  - 

No  Additional 

Airplane  Tests  - 

°  Full  scale  Inner  wing  box  damage 
tol.  &  residual  strength. 
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ITEM  K  -  TESTING  -  CONTINUED: 


I.  Basic  Fracture  Data  to  support  trade  studies,  final  design 
and  fabrication  processes  (I.e. 

K|c/  K^,  dq/dN,  etc.). 

a)  100  tests  at  10  M/H  - - - 

b)  40  tests  at  40  M/H  - 

c)  10  tests  at  100  M/H  — - 

Sub-Total:  - 

2.  Design  Development  Tests  -  Retardation,  load  re¬ 
distribution,  crack  growth,  residual  strength, 
damage-tolerance  evaluation,  and  inspectabi  I  Tty 
requirements. 

a)  10  tests  at  160  M/H  - — 

b)  5  tests  at  1200  M/H  - 

c)  3  tests  at  3000  M/H  - 

Sub-Total :  - - 

3.  Pre-production  Design-Verification-Tests  - 
Full-scale  components  and  portions  of  major 
assemblies  -  damage  tolerance,  residual  strength, 
and  inspection  data. 

a)  3  tests  at  1360  M/H  - 

b)  2  tests  at  4000  M/H  - - - — - 

Sub-Total:  - 


MANHOURS 

1000 

1600 

1000 

3600 


1600 

6000 

9000 

16,  600 


4080 

8000 

12,080 
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ITEM  K  -  TESTING  -  CONTINUED! 

4,  Full-scale  Inner  Wing  Box  Damage  Tolerance  and  MANHOURS 

Residual  Strength  Test. 


a)  Test  set-up  Materials 

Lab  Shop 

Instrumentation  Data  $  850 

Lab  Engineering  27,900 

Sub-Total  i  $28,750 


4920 

984 

1476 

7380 


b)  Test  run 
Lab  Shop 

Instrumentation  Data  $  800 

Lab  Engineering  1,900 

Sub-Totali  $  2,700 

Total:  $31,450 

II.  QUALITY  ASSURANCE 
TASKS: 

A)  Control  special  documentation  and  material  traceability, 

B)  Control  special  material  receiving,  handling,  processing,  storing, 

and  fabrication  of  fracture  and  fatigue  critical  parts. 

C)  Nondestructive  Inspection  added  requirements  and  techniques. 

D)  Closely  monitor  vendor  fracture  and  fatigue  critical  parts  during 
processing  operations. 

E)  Establish  special  Inspection  requirements  and  techniques  for  fracture- 
and  fatigue-critical  operations  In  manufacturing  and  processing. 

F)  In-service  inspection  and  maintenance  control  (technique  and  re¬ 
quirements). 

G)  Testing/verification. 

H)  Fastener  and  adhesive  (Weldbond)  Increased  Installation  control. 


7564 

2657 

8401 

18,622 

26,002 

24,220  M/H 
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COSTS:  Receipt  Test/  and  Material  Control.  MANHOURS 

A)  Receiving  Inspection  (Four  year  program) - -  4000 

S)  Receipt  tests:  18  lots;  30  coupons/lot:  30  tests/ 

lot  x  18  x  8  M/H - —  4320 

C)  Processing/Fabrication: 

1)  Control  &  Traceability  -  160  tests  at  10  NVH  —  1600 

2)  Inspection  &  Documentation  -  {52000  parts, 

1300  shop  orders) - - -  3900 

D)  Assembly  Inspection  Traceability: 

1)  Traceability  &  Documentation  (10  M/H  per  A/C)-  2000 

2)  Inspection  and  Maintenance  (Eddy  Current  - 

40  Hrs./Week) -  8000 

E)  Serial  Number  Control  and  Traceability  - - - -  400 

TOTAL: -  24,220 

Ml.  MANUFACTURING  $168,000  2000  M/H 

A)  TASKS: 


1)  Additional  planning  paperwork  (logs,  records,  etc.). 

2)  Detailed  planning  for  critical  manufacturing  and  processing 
operations,  Including  verification. 

3)  Plan  and  provide  time  for  additional  Inspection  and  quality 
assurance  checks  of  fracture  and  fatigue  critical  parts. 

4)  Initial  on-site  reviews  of  in-plant  and  vendor  manufacturing 
operations. 

5)  Verification  procedures  requiring  additional  time  of 
manufacturing  personnel. 

Sub-Total:  2000  M/H 

B)  Cost  of  separate  test  article  for  damage  tolerance 

and  residual  strength  tests  $168,000 
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JV.  OTHERS  $16,000 

A)  Required  material  testing  by  vendor  (material  to  be 
purchased  In  18  lots  for  production  of  200  airplanes) 

1)  7050-T76  Plate:  8  tests  at  10  M/H  x  18 - 

2)  7050-T76  Extrusion:  40  tests  at  10  M/H  x  18 - 

3)  7050-T76  Forging:  9  tests  at  10  M/H  x  18 . 

4)  7475-T76  Sheet:  8  tests  at  10  M/H  x  18  - 

5)  Steel  Forgings:  12  tests  at  10  M/H  x  18 

Sub-Total : - 

B)  Purchasing  Specifications  — — —  -- 

C)  Fracture  and  Fatigue  Control  Board -  - 

D)  Administration - 

E)  Travel:  $16,000  (Assumes  17  trips, 

3  people  at  2  days) 

Sub-Total: - 

Total:  — — - 


27,300  M/H 

1,440 

7,200 

1,620 

1,440 

2,160 

13,860 

240 

12,000 

1,200 


13,400 

27,300 
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A 3. 7. 2  Suggested  Modifications  for  Potential  Cost  Reduction 


With  a  view  to  reducing  the  overall  cost  of  the  program  several  modifications 
to  the  basic  plan  were  considered.  Three  of  the  more  significant  items  in¬ 
vestigated  together  with  potential  cost  savings  are  listed  below. 

I  .  Use  simple,  notched  tensile  testing  for  most  of  vendor  material  qualifi¬ 
cation  tests  (fracture  test), 

SAVINGS:  Approx.  75%  of  Item  IV.  A  =  .75  x  13860  =  10,395  M/H 

2.  Use  full-scale  fatigue  test  article  for  dual  test  purposes.  Perform  damage 
tolerance  and  residual  strength  tests  upon  completion  of  the  fatigue  test 
in  lieu  of  having  an  additional  full-scale  test  article.  This  involves  some 
added  risks  of  not  attaining  all  of  the  desired  results,  but  it  will  substan¬ 
tially  lower  the  cost. 

Even  though  100%  of  desired  results  may  not  be  attained  by  this  suggested 
modification,  structural  integrity  and  safety  wi  1 1  not  be  jeopardized.  For 
example,  if  the  fatigue  test  article  wears  out  prior  to  completion  of  all 
damage-tolerance  tests,  meaningful  crack -growth  data  will  have  been  ob¬ 
tained.  These  data  may  be  slightly  different  and/or  at  different  locations; 
however,  the  data  will  be  just  as  useful  in  assessing  structural  integrity. 
Data  will  also  be  available  from  the  development  and  verification  com¬ 
ponent  test  programs.  If  deemed  necessary,  additional  components  tests 
could  be  performed  at  the  conclusion  of  the  full-scale  article  test  program. 

On  the  positive  side,  there  are  several  advantages  other  than  reduced  costs 
in  using  one  in  lieu  of  two  test  articles  for  these  tests.  Test  results  will  be 
based  on  all  Instrumentation  being  at  exact  locations  and  on  common 
structure;  and,  interpretation  of  test  results  cannot  be  misunderstood  due  to 
different  thicknesses,  load  paths,  tolerances,  or  instrumentation  variations 
between  specimens;  and  the  damage  tolerance  and  residual  strength  tests 
will  be  applied  to  "fatigued"  structure  rather  than  new  "virgin"  structure, 
which  is  more  likely  to  be  the  condition  encountered  in  service. 
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MANHOURS 


MATERIALS 


SAVINGS:  Item  I.  K.  4.  5,340  $  28,750 

Item  III.  B.  _  168,000 

Total:  5,340  $196,750 

3.  Schedule  full-scale  box  damage-tolerance  tests  after  fatigue  tests.  If, 
for  some  reason,  suggestion  2  above  Is  not  Implemented,  some  of  the  cost 
reductions  are  still  possible  by  scheduling  the  damage -tolerance  tests  in  a 
time  span  after  the  completion  of  the  fatigue  tests.  In  this  manner,  the 
cost  of  an  additional  test  setup  and  the  associated  facilities  are  saved. 
This  also  has  the  added  technical  advantage  of  having  all  the  fatigue  test 
results  and  knowledge  prior  to  the  start  of  the  damage -tolerance  tests. 


SAVINGS:  Item  I.  K.  4.  Materials - — — -  $  27,950 

Manhours - - - —  4,034 
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A3. 8  IN-SERVICE  INSPECTABIUTY  FACTORS 


A3. 8.1  Background  Data 

A3.8.1.1  Analysis  ond  Test:  Analysis  and  test  data  for  the  inner-wing  baseline 
structure  are  contained  in  several  C-141A  reports  which  make  up  a  portion  of  the 
technical  data  file.  These  are  identified  by  Lockheed  "ER"  report  numbers  which 
are  further  described  below. 

Baseline  design  external  loads  are  presented  in  ER  5058,  C-141  Wing  Loads.  These 
loads  were  used  to  develop  the  internal  loads  in  the  structure  which,  in  turn,  formed 
the  basis  for  the  stress  analysis  presented  in  ER  4992,  C-141  Wing  Stress  Analysis. 
Both  of  these  documents  were  updated  to  reflect  changes  in  loads  resulting  from  the 
flight  test  program  and  new  mission  requirements. 

Mission  profiles  used  to  develop  fatigue  analysis  spectra  are  contained  in  ER  9502, 
C-141  Fatigue  Loads  Criteria  for  Updated  Fatigue  Program,  Included  in  these  pro¬ 
files  are  information  gained  from  various  C-141  flight  test  programs,  including  the 
VGH/GLS  data  recorded  during  the  C-141  Aircraft  Flight  Loads  Data  Program,  Also 
reflected  is  an  updated  aircraft  utilization  schedule  derived  from  actual  service  ex¬ 
perience.  These  mission  profiles  were  used  to  develop  the  analytical  design  fatigue 
spectra  contained  in  ER  9506,  C-141  Basic  and  Dynamic  Loads.  The  latter  forms 
the  basis  for  the  wing  fatigue  analysis  presented  in  ER  5030,  Volume  I  -  C-141  Wing 
Safe  Life  Analysis,  and  the  fulhscale  airplane  test  spectra  developed  for  the  Wing/ 
Fuselage  Fatigue  Specimen  "A"  as  contained  in  ER  6802,  Volume  V. 

The  fatigue  and  crack  growth  analyses  conducted  in  the  course  of  this  sensitivity 
study  are  based  on  the  test  loads  spectra  developed  for  Specimen  "A",  except  that 
the  following  changes  were  made: 

(1)  A  peak-to-peak  description  of  the  ground-air-ground  cycle  was  sub¬ 
stituted  for  the  mean-to-mean  cycle  used  in  the  baseline. 

(2)  The  number  of  full-stop  landings  was  increased  from  6405  to  8187  to 
reflect  the  latest  fleet  usage  information. 

Table  XLIII  shows  the  test  loads  spectra  which  incorporate  the  above  changes. 
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A3. 8, 1,2  In-Service  Inspection  Informationt  Data  on  the  frequency  and  type  of 
structural  inspections,  accessibility  factors,  NDI  techniques  used,  and  assumed 
damage  size  detection  capabilities  have  been  previously  listed  in  Table  XXV  and 
its  accompanying  T.O.  1 C- 1 41  A— 36  abstract.  The  damage  size  detection  capa¬ 
bility  presented  in  this  table  is  based  largely  on  estimates  obtained  from  experience 
in  full-scale  fatigue  testing,since  meaningful  data  from  in-service  inspections  are 
virtually  nonexistent. 

A3.8. 1.2.1  Full-Scale  Fatigue  Test  Inspection:  The  absence  of  defect  detection 
information  from  service  records  necessitated  that  other  sources  of  information  be 
exploited.  Considerable  data  exist  in  damage  reports  covering  the  full-scale  C— 141 
Wing/Fusel  age  Specimen  "B"  fatigue  test.  These  are  reported  in  ER  4950,  Volume 
IV,  and  results  summarized  in  Table  XLVIII.  Included  is  a  listing  of  number  of 
occurrences  of  cracking  by  location  category  and  the  minimum-size  cracks  detected 
as  well  as  assumed  maximum  crack  sizes  which  could  be  missed  as  a  function  of  NDI 
technique  used.  These  data  represent  two  simulated  lifetimes  of  fatigue  testing  and 
include  effects  of  all  critical  flight  and  ground  landings.  Inspections  were  performed 
at  the  end  of  each  fatigue  block  spectrum  pass,  on  increment  equivalent  to  l/lO  life¬ 
time  (3,000  flight  hours). 

One  of  the  inner- wing  areas  affording  the  most  crack-growth  information  during  the 
fatigue  test  was  the  area  surrounding  the  fuel  probe  holes  (Figure  188),  This  area 
was  subjected  to  additional  analysis  in  an  attempt  to  work  backwards  from  known 
crack  observations  and  determine  the  size  of  these  cracks  at  the  previous  inspection 
interval.  Three  crack-growth  models  were  used  to  obtain  the  results  shown  in 
Figure  189-  One  model  was  the  Walker  Panel  Analysis  with  an  assumed  initial 
damage  of  a  crack  <j).30"  long  from  a  0.22"  hole  through  to  the  edge  of  the  probe 
hole  flange.  The  to'tal  initial  length  was  0.52",  including  the  hole.  A  second 
model  also  used  Walker's  Analysis,  but  the  initial  length  was  0.37",  including 
the  hole.  The  remaining  model  used  Forman's  Equation  with  an  initial  length 
of  0.37",  including  the  hole.  No  crack  retardation  factors  were  used  in  the 
calculations.  Stress/moment  ratios  used  in  the  calculations  were  derived  from 
design  data  for  the  Inner  Wing  Box  Rib  Station  (IWBRS)  65  location.  Eight  of  the  28 
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SUMMARY  OF  C-141  INNER  WING  FATIGUE  SPECIMEN  MB"  INSPECTION  &  DAMAGE 
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3.8' 


FIGURE  188  FUEL  PROBE  HOLE  CONFIGURATION 
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SPECTRUM  PASS 

FIGURE  189  CRACK  GROWTH  ANALYSIS 
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observations  were  mode  at  IWBRS  55, and  the  remainder  at  various  locations  outboard 
to  IWBRS  361 , 

Points  on  the  curves  were  established  with  known  lengths  and  projected  back  one 
pass  increment  to  yield  the  flaw  size  that  existed,  but  was  previously  missed  by 
visual  inspection.  For  example,  tabulated  observations  show  a  1 .5-inch  crack  at 
IWBRS  56.7  (right)  recorded  at  the  completion  of  pass  number  16,  yet  no  previous 
record  of  a  crack  at  this  location  was  noted.  Projection  back  one  pass  from  the 
1 .5"  point  on  each  of  the  3  curves  yielded  crack  length  values  of  0.65",  0.65"  and 
0.48"  for  the  two  Walker  curves  and  the  Forman  equation,  respectively.  Results  of 
the  projections  are  given  in  Table  XUX  .  Histograms  of  the  observed  flaws  and 
projected  values  are  presented  by  size  range  in  Figures  190  through  193  .  For  cases 
where  back-projected  values  were  less  than  0.40",  flaw  lengths  were  grouped  into 
the  0.20"  to  0.40"  range.  No  values  less  than  0.20"  were  considered,  since  no 
cracks  that  small  were  recorded  in  the  inspections  of  fuel  probe  hole  areas.  The 
smallest  recorded  values  were  0.30", 

A  comparison  of  directly  observed  "finds"  with  projected  values  of  flaws  missed  in 
the  previous  inspection  shows  how  data  are  transformed  by  crack  growth  models. 

The  two  applications  of  the  Walker  Program  yield  approximately  the  same  results. 

The  Forman  equations  produces  a  highly  skewed  grouping  of  "misses"  to  the  small 
size  ranges,  0.20"  to  0.40"  and  0.40"  to  0.60".  The  data  presented  are  only  in¬ 
dicative  of  the  following: 

(a)  The  "find"  size  distribution  shows  trends  but  does  not  actually  indicate 
all  possible  flaws. 

(b)  The  "missed"  size  distributions  depict  only  flaws  which  were  overlooked 
and  subsequently  found  in  the  next  inspection. 

It  should  be  noted  that  the  analytical  flaw  growth  curves  predict  higher  growth  rates 
than  those  observed  experimentally,  and  this  indicates  that  all  "missed"  flaw  lengths 
determined  by  this  study  are  too  small .  Analytically  predicted  rates  ranged  from  0,30" 
per  pass  to  2,8"  per  pass.  Experimentally  observed  rates  ranged  from  0,16"  per  pass 
to  0.30"  per  pass.  The  absence  of  a  retardation  model,  however,  is  not  considered  to 
be  an  influencing  factor,  since  "missed"  values  were  derived  by  projection  on  the 
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TABLE  XLIX 

ANALYTIC  VALUES  FOR  FLAWS  VISUALLY  MISSED 
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NO.  OF  CRACKS  DETECTED 


LENGTH  (INCHES) 


FIGURE  190  VISUALLY  DETECTED  CRACK  LENGTH  DISTRIBUTION 
FUEL  PROBE  HOLE,  INNER  WING,  C-141 
FATIGUE  SPECIMEN  'B' 
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curves  using  a  fixed  increment;  i.e.,  only  the  curve  slope  is  significant,  and  a  re¬ 
tardation  Factor  does  not  change  the  shape. 

Results  further  indicate  that  there  is  a  low  probability  that  cracks  less  than  0.20"  in 
length  can  be  visually  detected  in  structure  of  this  type.  If  the  results  are  literally  in¬ 
terpreted  by  adding  the  number  of  cracks  "missed"  to  the  number  "detected"  to  give  an 
assumed  total  number  of  flaws,  approximately  30%  are  detectable  in  the  0.20"  to  0.40" 
length  range.  Such  an  interpretation  is  based  on  the  gross  assumption  that  no  other  de¬ 
fects  existed  beyond  those  accounted  for,  i.e.,  when  they  became  large  enough  they 
would  certainly  be  detected.  Experience  has  shown  that  this  Is  not  the  case,  but  there 
remains  a  high  probability  of  detection  if  the  flaw  is  large.  Fatigue  cracks  2"  long  are 
large  enough  for  visual  detection  with  high  probability.  Therefore,  a  literal  interpre¬ 
tation  of  results  should  be  applicable  for  crack  lengths  near  2".  The  two  Walker-derived 
curves  yield  a  75%  detection  level  for  cracks  in  the  1 .80"  to  2.00"  range.  The  Forman- 
derived  curve  indicates  that  nearly  a  1 00% detection  level  is  possible  for  this  same 
range.  It  is  plausible  from  these  observations  to  state  that  there  is  less  than  a  30% 
chance  of  visual  detection  for  cracks  less  than  0.20"  to  0.40"  length,  and  a  75%  chance 
of  visual  detection  for  crack  lengths  1 .80"  to  2.00". 

It  must  be  emphasized  that  these  were  close  visual  inspections  in  known  suspect  areas. 
Personnel  conducting  the  inspections  were  engineers  in  charge  of  the  C-141  fatigue 
test.  Their  proficiency  for  visual  detection  is  considered  average  to  above  average  for 
this  structure.  Comparable  performance  could  be  expected  from  a  special  visual  in¬ 
spection  of  aircraft  in  service. 

A3. 8. 1.2. 2  Component  Fatigue  Tests:  A  source  of  data  exists  on  fatigue  crack  com¬ 
monality  in  adjacent  members  from  component  tests  run  to  evaluate  span  wise  splices  for 
cargo/transport-type  aircraft.  This  information  is  presented  in  Table  L  -  The  dimen¬ 
sions  given  in  this  table  denote  the  extent  of  fatigue  crack  growth  immediately  prior  to 
failure.  Precracked  specimens  were  prepared  by  notching  on  undersized  fastener  hole, 
cycling  to  initiate  a  fatigue  crack,  drilling  a  full-sized  hole  at  the  crack  site,  and  sub¬ 
sequent  fatigue  cycling  to  failure.  These  commonality  data  are  not  conclusive  with 
respect  to  predominance  of  either  single  or  multiple  cracking  in  a  two-component  splice. 
Further,  it  is  questionable  that  the  degree  of  commonality  of  cracking  in  these  speci¬ 
mens  is  representative  of  experience  in  full-scale  structures. 
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TABLE  L 


COMPONENT  SPANWISE  SPLICE  CRACK  MORPHOLOGY 


SINGLE 

— 2c  i-*- 

MULTIPLE 

PRIMARY  -v 

CONDITION 

T 

SECONDARY 

PRIMARY 

SECONDARY 

a/2c 

a/2c 

a/2c 

■17/1.3  m 
.22/0.4 

.25/.  05 
.15/. 17 

.04/.  04 
.04/. 04 

Specimens 

Without 

Precrack 

.25/1.5 

.20/0.4 

.25/1.3 
.23/. 35 

.03/.  03 
.10/.  10 

.03/.  03  (2) 

.10/. 10 

.01 5/. 01 5 

.04/.  05 

.04/. 06 

.08/. 09 
.03/.  03 

7 12/, 10 

.01/.  02 

Specimens 

With 

Precrack 

.02/. 03 
.03/. 04 

.05/.  09 
.03/.  10 

.05/.  10 
.02/. 05 

.  02/.  03 
.05/.  05 

.01/.01 
.04/. 20 

.06/. 05 

.03/. 04 
.03/.  03 

.05/.  08 
.03/. 07 

.02/. 03 

.03/.  04 

. 02/. 02 

.03/.  05 

, 06/. 03 
.03/.  04 

.02/. 03 

NOTES:  (1)  Double  entry  Indicates  crocks  from  both  sides  of  fastener. 

(2)  Single  entry  indicates  crack  from  one  side  of  fastener  only. 

(3)  For  general  arrangement  of  typical  test  specimen,  see  Figure  194. 
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SECTION  A-A 


1/4  INCH  DIA 
TAPERLOKS 


FIGURE  194  SPANWISE  SPLICE  JOINT  SPECIMEN 
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A3, 8. 2  Service  Inspection  Functions 


Three  basic  functions  were  considered  with  respect  to  inspections.  They  included 
the  inspection  interval,  the  size  of  the  initial  damage  present  at  the  beginning  of 
the  inspection  interval,and  the  required  period  of  safe  crack  growth  following  the 
failure  of  a  principal  element  in  multiple-lood-path  structure.  The  assessment  of 
the  impact  of  in-service  inspection  functions  in  the  damage-tolerance  criteria,  as 
they  apply  to  the  baseline  structure,  is  presented  in  the  following  subsections: 

A3, 8, 2,1  Inspection  Interval:  Although  the  objective  in  this  subtask  was  to  study 
the  influence  of  in-service  inspection  functions,  the  effect  of  the  allowable  crack- 
growth  period  for  intact  structure  was  also  considered.  This  was  included  since, 
in  the  implementation  of  the  criteria  on  the  baseline  structure,  it  was  often  found 
that  the  allowable  design  stress  was  limited  by  requirements  pertaining  to  assumed 
initial  flaws  in  new  structure  and  the  specified  period  of  unrepaired  service  usage. 

Figure  195  shows  the  results  of  analyses  for  the  various  types  of  inspections.  Air¬ 
plane  operational  inspections  are  plotted  in  addition  to  the  criteria  in-service  in¬ 
spections  to  evaluate  the  potential  influence  of  upgrading  these  inspections  to 
criteria  standards.  It  is  evident  that  the  additional  operational  inspections  occur 
at  the  mid-interval  of  the  inspections  used  to  establish  design  allowable  stresses. 
These  inspections  provide  a  ready  means  for  reducing  the  inspection  interval  to  50 
percent  of  current  requirements.  The  allowable  design  stresses,  based  on  the  frac¬ 
ture  criteria,  would  be  improved  by  approximately  10  KS1.  It  is  important  to  ob¬ 
serve  that  this  order  of  improvement  holds  for  both  the  in-service  inspection  and 
the  minimum  period  of  unrepaired  service  usage. 

A3. 8. 2, 2  Initial  Damage  Subsequent  to  Inspection:  Another  important  parameter  In 
the  criteria  which  influences  design  stress  level  control  is  the  assumed  size  of  unde¬ 
tected  flaws  in  the  structure  subsequent  to  inspection.  This  parameter  was  also 
treated  in  terms  of  a  percentage  of  the  values  listed  in  the  criteria.  As  in  the  case 
of  the  inspection-interval  study,  the  additional  airplane  operational  inspections 
were  included  here  to  assess  separately  the  effects  of  the  flaw  size  assumption  and 
the  inspection  interval , 
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(1) *  WALK  AROUND  VISUAL,  10  DAYS;  THROUGH  CRACK,  2ao  =  2.0 

(2)  MINOR,  70  DAYS;  THROUGH  CRACK,  2aQ  =  2.0 

(3)  *  SPECIAL  VISUAL,  140  DAYS;  THROUGH  CRACK,  2oq  =  2.0 

(4)  MID  INTERVAL  IRAN,  18  MONTHS;  SURFACE  FLAW,  a/Q  =  .10,  a/2c  =  .10 

(5) *  DEPOT  LEVEL,  36  MONTHS;  THROUGH  CRACK,  aQ  =  .20  (=  a/Q) 

(6)  DEPOT  LEVEL,  36  MONTHS;  SURFACE  FLAW,  a/Q  =  .10,  a/2c  =  .10 

(7) *  DEPOT  LEVEL,  36  MONTHS;  THROUGH  CRACK  (1/4"  DIA.  HOLE),  =  .  25 

20  40  60  80  100  120  140  160  -180  200 

PERCENT  OF  REQUIRED  INSPECTION  INTERVAL 

FIGURE  195  EFFECT  OF  INSPECTION  INTERVAL  - 
DESIGN  TENSION  STRESS 
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Figure  196  shows  The  results  derived  on  the  basis  of  the  surface  flaw  requirement. 

The  discontinuity  in  the  curves  for  a  given  inspection  interval  is  caused  by  on 
anomaly  which  arises  in  the  implementation  of  the  criteria.  The  problem  is  that 
the  thickness  of  the  structural  element  under  analysis  can  be  less  than  the  depth 
specified  in  the  criteria  for  the  surface  flaw.  By  direction  of  the  ADPO,  when¬ 
ever  an  a/Q  condition  in  the  criteria  exceeded  the  thickness  limit  of  a  structural 
element,  a  through-the-thickness  crack,  with  a  half  crack  length  equal  to  the  a/Q 
specified,  was  to  be  substituted.  This  resolution  of  the  problem  is  based  on  the 
selection  of  equivalent  crack  geometries  In  terms  of  developing  equal  stress  inten¬ 
sity  levels.  However,  It  should  be  observed  that  this  interpretation  has  a  signifi¬ 
cant  influence  on  the  size  of  the  initial  crack  length  used  to  determine  the  safe 
crack-growth  period. 

The  above  results  are  very  useful  in  studying  the  effects  of  intact  structure  and  in- 

service  flaw  criteria  on  allowable  design  stress.  The  detailed  nature  of  the  fracture 

criteria  is  such  that, for  a  particular  area, there  can  be  a  close  interaction  between 

the  detail  design  of  the  structure  and  various  elements  of  the  criteria.  For  example, 

referring  to  Figure  196,  the  a/Q  of  100  percent  corresponds  to  the  specified  assumed 

initial  damage  present  at  the  beginning  of  the  in-service  inspection  interval.  At 

50  percent,  the  a/Q  is  0.  IQ  which  is  the  initial  flaw  size  assumed  to  be  present  in 

new  structure.  The  fracture  criteria  for  slow-crack-growth  structure  specifies  that, 

in  each  of  these  cases, the  flaw  shall  not  grow  and  cause  failure  in  less  than  F..., 

DM 

for  depot  level  inspectable  structure.  To  comply  with  this  requirement  on  the  lower 
wing  surface  root  area,  the  figure  shows  that  the  allowable  design  stress  would  be 
controlled  by  the  part  of  the  criteria  which  applies  to  the  intact  structure.  Spe¬ 
cifically,  the  allowable  stresses  for  the  a/Q's  of  0,10  and  0.20  are  40.8  K SI  and 
48.7  KSI,  respectively.  The  discontinuous  nature  of  the  curve  is  significant  in 
this  case.  It  should  also  be  noted  that  the  position  of  the  discontinuity  is  depen¬ 
dent  on  the  thickness  of  the  structural  element  under  investigation.  Figure  197  shows 
the  remainder  of  the  conditions  considered  in  this  phase  of  the  sensitivity  study. 

Table  LI  provides  a  summary  of  design  stress  variation  for  50,  100,  and  150  percent 
of  the  criteria  in-service  inspection  interval  and  in-service  inspection  flaw  size.  A 
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EFFECT  OF  INITIAL  CRACK  SIZE  ON  DESIGN  TENSION  STRESS 
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comparison  of  results  shows  that,  on  a  percentage  basts,  a  variation  in  flaw  size  has 
a  greater  influence  on  the  allowable  design  stress  than  does  a  variation  in  the  safe 
crack-growth  period  for  both  the  walk-around  visual  and  special  visual  in-service 
inspection  conditions.  As  indicated  previously,  the  discontinuity  in  the  curves 
shown  in  Figure  196  is  thickness  dependent;  however,  as  in  this  case,  the  design 
stress  con  be  unexpectably  influenced  by  a  variation  in  the  assumed  surface  flaw 
size.  Apart  from  the  effects  of  the  discontinuity  In  the  curve,  it  can  be  further 
observed  that,  for  the  depot  level  in-service  inspection  conditions,  steeper  curves 
are  generated  as  a  result  of  changes  in  inspection  interval  size  than  for  changes  in 
flaw  size.  The  observation  on  the  relative  slopes  of  the  curves  applies  to  both 
regions  of  the  data  shown  In  Figure  196.  On  this  basis,  it  is  quite  evident  that, 
for  the  through-the-thickness  crack  emanating  from  a  hole,  the  design  stress  is  more 
significantly  influenced  by  a  change  in  the  inspection  interval  than  by  a  similar 
percentage  change  in  the  flaw  size. 

A3. 8. 2.3  Period  Subsequent  to  Load  Path  Failure:  This  portion  of  the  study  is  a 
parametric  analysis  showing  the  effect  on  the  design  tension  stress  of  multi  pie- load- 
path  structure  by  varying  the  safe  crack-growth  period  after  failure  of  a  single  prin¬ 
cipal  element.  For  this  analysis,  three  safe  crack  periods  were  selected  for  use 
from  actual  C— 141  in-service  inspection  periods: 

o  Twice  IRAN  Inspection  Period  -  3274  Flights 

(IRAN  period  =  3  years  =  1637  Flights) 

o  Twice  Mid-IRAN  Inspection  Period  -  1637  Flights 

o  Twice  Major  Inspection  Period  -  418  Flights 

(Major  inspection  =  140  days  =  209  Flights) 

A  cross-section  of  the  typical  baseline  spanwise  splice  is  shown  in  Figure  198.  The 
multiple  plank  structure,  providing  multiple  load  paths,  is  shown  in  the  sketch  in 
Figure  1 99. 

Criteria:  The  damage  assumed  to  exist  adjacent  to  the  primary  failure  (center  panel 
failure)  in  the  remaining  multiple-load-path  dependent  structure  at  the  time  of  and 
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FASTENER -5/1 6"  STEEL  TAPERLOKS 

t/d  =  .497 
s/d  =  4.QO 


FIGURE  198  TYPICAL  C— 141  BASELINE  SPANWISE  SPLICE 
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following  the  failure  of  a  load  path  shall  be  (1)  equal  to  an  0.020"  long  through-the- 
thickness  crack  emanating  from  one  side  of  a  hole,  or  (2)  damage  equal  to  a/Q  = 
0,030"  at  locations  other  than  holes,  plus  the  amount  of  growth  Aa  which  occurs 
prior  to  load  path  failure. 

It  has  been  determined  from  the  baseline  update  and  ADP  design  analyses  that  the 
0.020"  single  hole  crack  is  more  critical  than  the  0,030"  a/Q  part-through  crack  con¬ 
dition  .  The  amount  of  Aa  crack  growth  in  the  dependent  load  path  structure  prior 
to  failure  of  the  center  panel  must  be  determined  by  analysis.  No  damage  is  assumed 
in  the  independent  structure  adjacent  to  the  center  panel. 

Method  of  Analysis:  To  determine  the  Aa  crack  growth  in  the  dependent  load 
path,  the  following  assumptions  were  necessary  relative  to  the  initial  crock  size  and 
time  to  failure  of  the  center  panel: 


(1)  Time  to  failure  of  the  center  panel  is  one  period  of  unrepaired  service 
usage  which  Is  the  safe  crack-growth  period  defined  previously. 


(2)  The  primary  failure  occurs  when  the  crack  reaches  the  length  which  is 

critical  under  application  of  the  failsafe  load  (P  ). 

AA 

(3)  For  any  design  stress,  the  initial  crack  length  in  the  center  panel  is 

that  length  necessary  for  the  crack  to  reach  critical  length  for  Pvv 

AA 

during  F^. 


Load  redistribution  from  the  center  panel  occurs  across  the  spanwise  splice  into  the 
dependent  load  path  during  the  crack  growth  in  the  center  panel .  This  load  redis¬ 
tribution  is  a  function  of  the  crack  size  in  the  center  panel.  Upon  complete  loss 
of  the  center  panel,  half  of  its  load  is  distributed  to  the  adjacent  dependent  load 
path.  (It  is  assumed  that, in  panelized  multiple  load  path  structure,  there  are  two 
panels  available  to  take  the  load  from  the  failed  panel.)  This  load  redistribution 
varies  across  the  panel  width  of  the  dependent  load  path. 


Determination  of  the  stress  environment  across  the  dependent  load  path  due  to  a 
growing  crack  In  the  center  panel  requires  a  complex  analysis.  Adequate  descrip¬ 
tion  of  this  variable  stress  environment  requires  the  use  of  a  finite-element  model. 


372 


The  basic  approach  used  in  this  analysis  is  described  in  a  paper  entitled  "Applica¬ 
tion  of  Damage  Tolerance  Criteria  To  Multi-Plank  Wing  Cover  Design,"  Reference 
13,  which  was  presented  to  the  American  Society  for  Metals  1972  WESTEC  Confer¬ 
ence.  A  similar  finite-element  model  was  used  to  determine  the  stress  variation 
in  the  dependent  load  path  due  to  a  failed  center  panel .  Results  of  this  analysis 
are  presented  in  Figure  199  os  stress  redistribution  curves.  These  curves  depict 
the  varying  stress  factors  across  the  dependent  load-path  panel  for  various  crack 
lengths  in  the  center  panel. 

The  above  mentioned  curves  are  For  an  intact  dependent  load  path.  However,  as 
the  initial  crack  of  0,020"  in  the  dependent  load  path  grows,  the  spanwise  splice 
becomes  locally  ineffective  for  transmitting  load  from  the  center  panel  to  the  depen¬ 
dent  load  path,  and  the  two  load  paths  essentially  act  as  one.  The  crack  length  at 
which  this  occurs  was  calculated  assuming  a  triangular  shear  lag  at  the  spanwise 
splice, using  actual  splice  geometry  as  shown  in  Figure  198  .  At  this  point,  the  crack 
in  the  dependent  load  path  combines  with  the  center  panel  crack  to  form  a  center 
crack  of  length  2a  equal  to  the  combined  crack  lengths  minus  the  overlap  of  the 
splice.  Since  the  splice  is  ineffective  for  transmitting  load,  the  stress  redistribu¬ 
tion  factor  becomes  1 .0  at  this  point. 

Knowing  the  crack  growth  in  the  center  panel  and  the  stress  redistribution  factors  in 
the  dependent  load  path,  the  stress  environment  at  the  tip  of  the  crack  in  the  depen¬ 
dent  load  path  can  be  determined  by  modifying  the  field  stress  used  in  the  calcula¬ 
tion  of  stress  intensity  levels.  This  was  accomplished  by  multiplying  all  analysis 
spectrum  stresses  by  the  redistribution  factors  obtained  from  Figure  199.  The  redis¬ 
tribution  factors  were  input  into  the  crack-growth  computer  program,  and  all  multi¬ 
plications  were  made  internally  prior  to  the  calculations  of  stress  intensities  at  the 
crack  tip. 

The  crack  growth  A  a  in  the  dependent  load  path  during  crack  growth  In  the  center 
panel  is  dependent  upon  the  crack  geometry.  It  is  evident  from  Figure  199  and  the 
previous  discussion  that  the  growing  crack  in  the  dependent  load  path  can  be  analyzed 
in  three  crack  segments: 
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FIELD  STRESS  IN  WING  PANEL  DUE  TO  CRACK  IN  CENTER  PANEL 


FIGURE  199  STRESS  REDISTRIBUTION  CURVES 
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(1)  The  crack  begins  as  a  through  crack  {.020")  at  a  spanwise  splice  hole  at 
the  side  nearest  the  panel  edge.  The  crack  grows  as  a  hole  crack  until 
it  reaches  the  edge  of  the  panel. 

(2)  The  next  load  cycle  (conservatively  assumed),  after  the  crack  has  reached 
the  panel  edge,  initiates  a  crack  at  the  opposite  side  of  the  hole.  This 
crack  begins  as  on  edge  crack  of  initial  length  equal  to  the  crack  length 
to  the  panel  edge  plus  the  hole  diameter.  It  grows  as  an  edge  crack  until 
the  splice  becomes  locally  ineffective  for  transmitting  load  to  the  depen¬ 
dent  panel  as  discussed  previously. 

(3)  Once  the  splice  becomes  ineffective,  the  cracks  in  the  center  panel  and 
dependent  load-path  panel  combine  to  form  a  center  crack. 

The  crack  in  the  dependent  panel  was  analyzed  for  each  applicable  segment  above. 
The  solution  was  terminated  at  failure  of  the  dependent  load  path  under  fail-safe 
load,  completion  of  the  safe  crack-growth  period,  or  the  point  at  which  the  depen¬ 
dent  load  path  is  unable  to  take  the  dynamic  fail-safe  load  from  the  failed  center 
panel.  Once  the  initial  crack  size  and  load  redistribution  have  been  established 
for  the  dependent  load  path,  the  final  step  is  to  calculate  the  time  to  failure.  If 
the  critical  crack  length  under  application  of  fail-safe  load  has  been  reached,  Or 
the  dependent  load  path  is  unable  to  take  the  fail-safe  load  from  the  failed  center 
panel,  then  the  time  to  failure  of  the  dependent  load  path  after  failure  of  the 
center  load  path  is  obviously  zero.  However,  if  the  damage  condition  of  the  depen¬ 
dent  load  path  at  the  time  of  failure  of  the  center  panel  is  such  as  to  allow  addi¬ 
tional  crack  growth,  then  the  solution  is  reinitialized,  beginning  at  a  crack  length 
equal  to  0.02"  +  &a  and  carried  through  the  applicable  crack  growth  segment(s) 
previously  described.  The  time  to  failure  of  the  dependent  load  path  then  becomes: 

(1)  The  time  to  critical  crack  length  under  application  of  fail-safe  load, 

(2)  The  time  at  which  the  dependent  load  path  is  unable  to  support  the 
fail-safe  load  from  the  failed  center  panel,  or 

(3)  The  time  required  for  the  crack  to  grow  completely  across  the  depen¬ 
dent  load  path . 
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Analysis  Results:  The  entire  process,  from  the  determination  of  initial  crock  size  to 
calculation  of  time  to  failure  of  the  dependent  load  path,  was  repeated  for  several 
design  stresses  for  each  of  the  three  selected  safe  crack-growth  periods.  The  results 
are  plotted  in  Figure  200.  By  entering  the  appropriate  curve  at  the  safe  crack- 
growth  period,  the  design  stress  required  for  failure  of  the  dependent  load  path  at 
the  end  of  this  period  can  be  determined.  Similar  curves  and  required  design 
stresses  can  be  developed  for  other  safe  crack-growth  periods  by  repeating  the  entire 
analysis. 

The  results  of  Figure  200,  the  required  design  stresses  at  the  selected  safe  crack- 
growth  periods,  are  cross-plotted  in  Figure  201  .  This  curve  thus  presents  the  allow¬ 
able  design  stresses  versus  the  safe  crack  growth  period.  By  cross  plotting  in  this 
manner, the  safe  crack-growth  period  to  the  center  panel  failure  and  the  dependent 
load-path  failure  are  equated,  with  the  center  panel  failure  occurring  at  the  end  of 
one  safe  crack-growth  period, and  the  dependent  load-path  failure  occurring  at  the 
end  of  the  next  period. 

It  is  evident  that  a  small  change  in  design  stress  has  a  marked  effect  on  the  safe 
crack-growth  period.  However,  it  should  be  noted  that,  for  the  range  of  safe  crack 
growth  periods  selected,  the  allowable  design  stresses  are  quite  low,  indicating  the 
overall  severity  of  the  fail-safe  structure  damage  tolerance  criteria. 

A3. 8. 3  NDI  Considerations 

The  manner  in  which  inspection  criteria  are  being  evolved  during  the  service  life 
management  program  for  a  current  cargo  aircraft  has  pertinence  to  NDI  consider¬ 
ations  in  this  parametric  study.  The  inspection  plan  for  the  current  aircraft  pro¬ 
gram  involves  the  identification  of  structurally  critical  areas  from  test  and  in-service 
data,  analytical  predictions  of  flaw  growth,  and  specification  of  required  inspection 
intervals  based  on  both  safe  flaw-growth  periods  and  inspection  capabilities.  It  is 
being  proposed  that  each  aircraft  be  treated  individually  for  flaw  growth  analysis 
using  flight  log  data,  i.e.,  actual  loading  history  rather  than  elapsed  time,  to 
establish  inspection  intervals.  This  approach  should  yield  greater  economy  by  elim¬ 
inating  superfluous  inspections  and  concentrating  on  items  with  the  greatest  need. 
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MULTIPLE  LOAD  PATH  STRUCTURE 
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FIGURE  200  SAFE  CRACK  GROWTH  PERIOD  VARIATION 

DESIGN  STRESS  VS.  TIME  TO  LOAD  PATH  FAILURE 
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FIGURE  201  SAFE  CRACK  GROWTH  PERIOD  VARIATION 

DESIGN  STRESS  VS.  SAFE  CRACK  GROWTH  PERIOD 


This  rationale,  however,  is  effective  only  with  prior  knowledge  of  critical  areas  and 
accurate  flaw-growth  rate  predictions.  At  the  present  time,  most  of  this  information 
is  based  on  empirical  data. 

The  range  of  variation  for  inspection  interval,  damage  size,  and  safe  crack-growth 
period  will  be  discussed  with  this  aircraft  program  experience  in  mind.  Furthermore, 
the  capability  for  NDI  and  visual  inspection  to  detect  flaws  reliably  will  strongly 
influence  the  length  of  inspection  intervals  for  given  periods  of  crack  growth.  The 
following  comments  are  listed  in  the  sequence  given  in  the  statement  of  work. 

A3.8.3.  i  Effect  of  Inspection  Interval  on  Ultimate  Design  Stress:  The  required 
inspection  intervals  about  which  time  ranges  are  projected,  i.e,  the  100%  values, 
are  based  on  current  C-141  requirements.  The  types  of  inspection  dictate  the 
minimum  defect  size  that  can  be  detected  with  a  high  degree  of  probability.  The 
flaw-length  inspection  capability  in  Section  X  give  walk-around  visual  detection 
at  10",  special  visual  at  2",  and  depot  level  ranging  from  0.20"  to  1.25".  (A 
typical  value  for  depot  level  capabilities  is  0.40",  but  no  general  length  limits  can 
be  authoritatively  stated.)  The  depot  level  Inspection  at  18-  and  36-month  inter¬ 
vals  is  the  predominant  deciding  factor  in  this  study.  The  special  visuals  serve  as 
backups  to  inspections  keyed  to  design  stress  levels  from  30  to  40  KSI.  The  depot 
level  inspection  intervals  are  based  on  an  average  utilization  rate  and  in-service 
load  history.  With  this  scheme,  there  are  four  opportunities  to  detect  flaws  grown 
to  2"  within  the  time  elapsed  between  adjacent  depot  level  inspections.  This  is 
considered  adequate  as  a  backup  to  the  depot  level  activity, 

A3.8.3.2  Effects  of  Changing  Initial  Crack  Length  or  Ultimate  Design  Stress:  A 
2-  inch  crack  length,  which  is  both  a  value  specified  as  an  initial  size  for  growth 
assumptions  and  the  size  considered  detectable  in  a  special  visual  inspection,  is 
consistent  with  visual  inspection  data  presented  in  Section  A3.8.1.  However, 
if  one  must  select  design  stress  on  reliable  detection  of  10- inch  cracks  during  a 
10-day  walk-around  visual  inspection,  then  the  selected  stress  range  Is  not  con¬ 
servative. 
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A3. 8. 3. 3  Effects  of  Changing  a/Q  on  Ultimate  Design  Stress:  A  discussion  of 
flaw  shape  with  reference  to  NDI  requires  a  consideration  of  the  NDI  methods  in 
common  use.  Penetrant  and  eddy-current  methods,  along  with  magnetic  particle, 
are  primarily  flaw  length  dependent.  Ultrasonic  and  radiographic  methods  are 
primarily  flaw  area  responsive.  Therefore,  the  latter  two  methods  are  applicable 
to  a/Q  considerations.  Ultrasonic  methods  are  assumed  capable  of  routinely 
detecting  surface  flaws  in  the  length  range  from  0.2"  to  0.4"  if  the  depth  is  in 
excess  of  10%  of  the  material  thickness  or  0,2",  whichever  is  least.  Radiography 
is  assumed  to  be  responsive  to  defects  near  1 .25"  if  the  depth  is  in  excess  of  3% 
of  the  material  thickness. 

In  the  case  for  this  study,  mean  values  of  a/Q  are  0.10  and  0.20  and  a/2c.n.^a| 
is  0. 1 .  This  yields  an  initial  "a"  of  0. 1 1 2"  and  0.224"  and  "2c "  of  1.1  2"  and 
2.24"  for  an  operating  to  yield  stress  ratio  of  zero.  The  material  thickness  is 
0.142";  therefore,  "a"  is  sufficiently  large  for  both  ultrasonic  and  radiographic 
techniques.  The  length  "2c ;nj^aj"  1.12"  and  2.24"  is  marginal  for  radiographic 
detection  but  is  adequate  for  an  ultrasonic  response.  Therefore,  the  total  range  of 
a/Q  presented  is  compatible  with  all  methods  but  radiography.  The  a/Q  values 
less  than  0.10  mean  are  inadequate  for  radiographic  flaw  detection. 

A3. 8. 3, 4  Safe  Crack  Growth  Period:  Inspection  intervals  and  flaw  length  con¬ 
siderations  for  safe  crack  growth  period  analyses  are  consistent  with  both  visual 
inspection  and  NDI  currently  in  practice  on  the  baseline  structure.  A  critical 
review  of  the  inspection  policies,  however,  should  be  made.  If  the  objective  is 
to  monitor  the  progression  of  slow  crack  growth,  high-resolution  NDI  applied  at 
frequent  intervals  should  be  considered.  If  the  objective  is  to  detect  flaws  before 
they  become  critical,  low-resolution  visual  techniques  applied  at  frequent  inter¬ 
vals  may  be  used.  Tradeoffs  among  frequency  of  inspection,  resolution  capabilities, 
and  cost  should  be  examined  with  regard  to  the  purpose  of  the  inspection, 

A3. 8, 4  Multiple  Cracking 

The  assumed  location  of  multiple  Flaws  will  influence  the  crack  growth  pattern  as 
well  as  the  safe  crack  growth  period  at  a  given  design  stress  level.  Several 
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combinations  of  flaw  locations  in  the  spanwise  splice  were  assumed  to  determine  the 
sensitivity  of  these  variables  on  safe  life  and  design  stress. 

The  first  series  of  cases  considered  in  the  study  are  shown  in  Figure  202.  Initial 
crack  sizes  were  the  same  at  all  locations,  including  the  comer  crock  in  Case  B. 
Furthermore,  all  initial  flaws  shown  were  assumed  to  be  present  at  the  beginning  of 
the  safe  crack  growth  period.  In  the  analysis  of  Cases  B  and  C,  cracks  were  assumed 
to  initiate  on  the  other  side  of  the  hole  Immediately  following  the  propagation  of 
the  initial  crack  across  the  edge  ligament  of  the  panel.  For  further  clarification, 
the  crack  growth  pattern  for  each  case  is  coded  on  the  figure.  In  addition,  rela¬ 
tive  crack  growth  characteristics  for  cyclic  loadings  based  on  a  design  stress  of 
45.8  K SI  ore  shown  in  Figure  203.  These  results  ore  presented  to  illustrate  the 
typical  incremental  crack  growth  patterns  for  each  of  the  cases  considered.  Similar 
analyses  were  performed  at  other  design  stress  levels  to  fully  develop  the  parametric 
results  shown  in  Figure  202  . 

A  separate  case,  Case  D,  was  considered  where  the  flaw  growth  assumptions  are 
somewhat  related  to  the  fracture  criteria  applicable  to  fail-safe  structural  concepts. 
The  general  structural  arrangement  analyzed  is  shown  in  Figure  204.  In  this  case, 
the  initial  flaws  shown  in  Panels  B  and  C  are  secondary  flaws  that  are  not  assumed 
to  develop  until  after  Panel  A  has  completely  failed.  As  shown  in  the  figure,  the 
crack  growth  pattern  consists  of  stable  crack  growth  in  the  center  panel  until  the 
safe  crack  growth  life  of  the  panel  is  reached.  The  undamaged  adjacent  panels 
sustain  the  residual  strength  requirement  specified  in  the  criteria,  including  the 
1 .15  dynamic  factor.  At  this  point,  it  is  assumed  that  fatigue  crack  growth  imme¬ 
diately  initiates  at  the  attachment  holes  in  Panels  B  and  C.  Stable  crack  growth 
may  again  occur  until  the  safe  crack  growth  life  of  the  adjacent  panels  is  expended 
and  final  failure  is  precipitated.  Load  redistribution  effects  were  considered  in  the 
analysis.  Figure  205  shows  the  incremental  crack  growth  pattern  for  this  case  at 
the  same  design  stress  level  used  in  the  similar  presentation  for  the  other  three  cases. 
The  relationship  between  design  tension  stress  and  flights  to  failure  for  Case  D  is 
shown  in  Figure  204. 
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FIGURE  202  MULTIPLE  CRACK  STUDY,  TWO  PANELS 
ALLOWABLE  DESIGN  STRESS 
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CRACK  GROWTH  CURVES 
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FIGURE  204  MULTIPLE  CRACK  STUDY,  THREE  PANELS 
ALLOWABLE  DESIGN  STRESS 
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A  comparison  of  the  results  presented  in  Figures  202  and  204  provide  an  indication 
of  the  sensitivity  of  multiple  flaw  assumptions  on  design  stress  and  life.  It  can  be 
seen  that  the  most  severe  condition  considered  was  the  case  of  through-the-thickness 
cracks  on  both  sides  of  a  fastener  hole  in  the  span  wise  splice.  The  results  for  Case  D 
indicate  that  it  was  the  least  severe  of  the  conditions  evaluated.  Case  C,  a  through- 
the-thickness  crack  at  one  edge  of  a  fastener  hole,  is  representative  of  the  assumed 
condition  in  the  implementation  of  the  fracture  criteria.  Allowable  design  stresses 
based  on  this  multiple  flaw  assumption  are  approximately  10  percent  higher  than  for 
Case  A. 

A3. 9  RESIDUAL  STRENGTH  LOAD  REQUIREMENT 

The  residual  strength  load  requirement  in  the  fracture  criteria  is  specified  in  terms  of 
the  maximum  load  that  can  be  expected  to  occur  within  a  given  period  of  service 
experience.  Exposure  periods  are  specified  in  terms  of  a  multiple  of  the  inspection 
intervals.  Currently,  the  criteria  requires  that  the  residual  strength  load  be  deter¬ 
mined  on  the  basis  of  100  inspection  intervals.  The  purpose  of  this  phase  of  the  study 
was  to  evaluate  the  sensitivity  of  variations  in  exposure  periods  in  terms  of  allowable 
design  stress  and  life. 

Residual  strength  loads  were  determined  from  cumulative  load  occurrence  data  de¬ 
rived  from  the  service  load  spectrum.  The  mean  and  variable  loads  of  the  fatigue 
spectrum  were  converted  to  cumulative  cycles  of  minimum  and  maximum  load  excur¬ 
sion  schedules.  These  schedules  were  developed  to  include  load  occurrence  frequen¬ 
cies  on  the  order  of  one  cycle  in  600,000  flight  hours.  Residual  strength  load 
requirements  can  be  selected  from  these  schedules  for  periods  ranging  up  to  100  times 
2  lifetimes. 

Table  LI  I  lists  the  inspections  and  inspection  intervals  used  as  a  basis  for  the 
parametric  analysis.  The  "inspection  factor"  shown  in  the  table  was  used  to  deter¬ 
mine  the  minimum  period  of  unrepaired  service  usage  for  the  evaluation  of  the  safe 
crack  growth  life,  excluding  the  residual  strength  load  requirement.  Allowable 
design  stresses  in  compliance  with  the  safe  crack  growth  requirements  in  the  criteria 
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ALLOWABLE  DESIGN  STRESS  FOR  RESIDUAL  STRENGTH  VARIATION 
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NOTES: 

(U  USAf  DAMAGE  TOLERANCE  CRITERIA  INSPECTIONS 
(21  2  LIFETIMES 


were  determined  for  letter  use  in  evaluating  the  influence  of  the  residual  strength 
loads. 

Residual  strength  load  effects  are  introduced  by  determining  the  residual  load  level 
requirement  on  the  basis  of  the  maximum  load  expected  to  occur  in  100,  10,  and  1 
inspection  intervals.  The  exposure  periods  corresponding  to  these  intervals  were 
used  with  the  cumulative  load  occurrence  data  to  determine  the  maximum  expected 
load  within  each  period.  Loads  derived  in  this  manner  are  the  residual  strength 
loads  applicable  to  each  type  of  inspection  and  multiple  of  the  inspection  interval. 
These  loads  are  listed  in  the  table  in  terms  of  percent  of  limit  load.  The  allowable 
design  stress,  including  the  residual  strength  lood  requirement,  was  determined  for 
each  case  and  the  results  are  shown  in  the  table.  Stress  levels  corresponding  to  the 
residual  strength  loads  are  also  shown.  The  analytical  methods  used  to  establish  the 
allowable  design  stresses  are  discussed  in  detail  in  Section  8.2.2. 

As  can  be  seen  from  Table  LI  I,  the  amount  of  stress  reduction  for  residual  strength 
requirements  from  the  basic  crack  growth  allowable  is  dependent  upon  the  inspection 
period  as  well  as  the  number  of  inspection  intervals.  For  1  inspection  interval  the 
stress  reduction  varies  from  0.0  to  0.5  K SI,  while  for  100  inspection  Intervals  the 
reduction  is  from  0.3  to  5.5  KS1.  Additionally,  the  difference  in  stress  reduction 
between  the  100  inspection  and  1  inspection  intervals  within  a  given  inspection 
period  category  is  a  minimum  of  0,2  KSI  for  the  non  in  spec  table  and  a  maximum  of 

5.5  KSI  for  the  70-day  Special  Visual  category,  For  the  critical  ADP  analysis  in¬ 
spection  category,  the  36-month  Depot  Level,  the  difference  in  stress  reduction  is 

1.5  KSI. 

Generally  the  residual  strength  requirements  have  not  imposed  large  stress  reduc¬ 
tions  in  the  Cargo/Tanker  ADP  program.  However,  some  noticeable  weight  savings 
could  be  realized  by  reducing  the  present  100  inspection  interval  residual  strength 
lood  requirement. 
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11  ABSTRACT 

With  the  current  Air  Force  medium  transport  and  tanker  Fleets  rapidly  approaching  the  end  of  their 
useful  life,  a  requirement  for  their  replacement  Is  inevitable.  Demonstration  of  innovative  ad¬ 
vanced  structures  concepts  is  required  prior  to  production  design  decisions  in  order  to  qualify  these 
advances  for  new  system  acceptance.  The  long  lead  times  required  for  the  development  and  demon¬ 
stration  of  advanced  structures  dictates  that  advanced  development  programs  be  initiated  now  to 
insure  the  availability  of  the  various  technologies  when  needed  for  anticipated  future  systems*  This 
requirement  has  led  to  this  advanced  development  program  to  develop  improved  aircraft  structural 
designs  for  a  cargo/tanker  category  aircraft.  The  C-M1  inner  wing  box  was  used  as  the  baseline 
for  the  preliminary  design  study  phase  of  this  development  program.  The  major  objective  of  this 
study  was  to  develop  advanced  designs  which  would  double  the  fatigue  life  endurance  of  the  base¬ 
line,  and  which  could  be  produced  at  lower  cost  and  weight*  The  objective  was  achieved  through 
an  iterative  process  of  integrating,  evaluating,  and  exploiting  new  and  improved  technology  in 
design  concepts,  fracture  mechanics,  analysis  methods,  design  criteria,  materials,  tests,  manufac¬ 
turing  methods,  and  nondestructive  inspection  methods.  From  the  study  of  a  comprehensive  matrix 
of  cover  and  substructure  concepts,  eight  configurations  were  formulated  for  analysis.  Upon  com¬ 
pletion  of  the  analysis,  the  configurations  were  evaluated  using  a  merit  rating  system  which  recog¬ 
nized  the  Important  performance  characteristics  of  a  structural  design.  This  evaluation  resulted  in 
the  selection  of  three  recommended  configurations  which  met  the  objective  for  further  study  in  the 
planned  follow-on  program*  Also,  a  comprehensive  damage  tolerance  criteria  sensitivity  analysis 
was  performed  as  q  pprt  of  this  study  to  evaluate  the  effects  of  variations  In  critical  criteria  param- 
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